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Abstract

The Federal Aviation Administration has sponsored a project at its Airworthiness Assurance NDI
Validation Center (AANC) to validate the use of bonded composite doublers on commercial
aircraft.  A specific application was chosen in order to provide a proof-of-concept driving force
behind this test and analysis project.  However, the data stemming from this study serves as a
comprehensive evaluation of bonded composite doublers for general use.  The associated
documentation package provides guidance regarding the design, analysis, installation, damage
tolerance, and nondestructive inspection of these doublers.  This report describes a series of fatigue
and strength tests which were conducted to study the damage tolerance of Boron-Epoxy composite
doublers.  Tension-tension fatigue and ultimate strength tests attempted to grow engineered flaws
in coupons with composite doublers bonded to aluminum skin.  An array of design parameters,
including various flaw scenarios, the effects of surface impact, and other “off-design” conditions,
were studied.  The structural tests were used to: 1) assess the potential for interply delaminations
and disbonds between the aluminum and the laminate, and 2) determine the load transfer and crack
mitigation capabilities of composite doublers in the presence of severe defects.  A series of
specimens were subjected to ultimate tension tests in order to determine strength values and failure
modes.  It was demonstrated that even in the presence of extensive damage in the original structure
(cracks, material loss) and in spite of non-optimum installations (adhesive disbonds), the
composite doubler allowed the structure to survive more than 144,000 cycles of fatigue loading.
Installation flaws in the composite laminate did not propagate over 216,000 fatigue cycles.
Furthermore, the added impediments of impact - severe enough to deform the parent aluminum
skin - and hot-wet exposure did not effect the doubler’s performance.  Since the tests were
conducting using extreme combinations of flaw scenarios (sizes and collocation) and excessive
fatigue load spectrums, the performance parameters were arrived at in a conservative manner.

_______________
* This work was performed for the Federal Aviation Administration (FAA) Technical Center under US Department of
Transportation Contract DTFA 03-95-X-90002.  This document is currently under review by the FAA for parallel publication
by the Department of Transportation.
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FOREWORD

As part of the Federal Aviation Administration’s (FAA) National Aging Aircraft Research
Program (NAARP), the FAA William J. Hughes Technical Center, established a major center
at Sandia National Laboratories (SNL):  the Airworthiness Assurance NDI Validation Center
(AANC).  The AANC conducts numerous projects related to the validation of improved
aircraft maintenance practices.  The Center also supports technology development initiatives.
To facilitate these activities, the AANC has set up a hangar facility at the Albuquerque
International Airport.

One of the primary goals of NAARP is to foster new technology associated with the repair of
civil aircraft. A typical aircraft can experience over 2,000 fatigue cycles (cabin
pressurizations) and even greater flight hours in a single year.  The unavoidable by-product of
this use is that flaws develop throughout the aircraft’s skin and substructure elements.  These
flaws can take the form of cracks, corrosion, disbonds, dents, and gouges.  Composite
doublers, or repair patches, provide an innovative repair technique which can enhance the way
aircraft are maintained.  Instead of riveting multiple steel or aluminum plates to facilitate an
aircraft repair, it is possible to bond a single Boron-Epoxy composite doubler to the damaged
structure.

Economic barriers to the purchase of new aircraft have created an aging aircraft fleet and
placed even greater demands on efficient and safe repair methods.  The use of bonded
composite doublers offers the airframe manufacturers and airline maintenance facilities a cost
effective technique to safely extend the lives of their aircraft.  However, before this advanced
aircraft repair technique could be accepted for commercial aircraft use, uncertainties
surrounding the application, subsequent inspection and long-term endurance of composite
doublers had to be addressed.

This document is one in a series of reports covering the AANC’s comprehensive evaluation of composite
doublers for commercial aircraft use.  The development and validation effort addressed the full array of
engineering issues including design, material allowables, installation, damage tolerance, quality assurance,
in-service surveillance (nondestructive inspection), and FAA/industry requirements.  For completeness,
beneficial overlaps of information will be presented in each report.  The full suite of reports, each containing
a similar foreword section, are:

1.  Development and Validation of Nondestructive Inspection Techniques for Composite Doubler
Repairs on Commercial Aircraft  (SAND98-1014)

2.  Damage Tolerance Assessment of Bonded Composite Doubler Repairs for Commercial Aircraft
(SAND98-1016)

3.  Full-Scale Structural and NDI Validation Tests on Bonded Composite Doublers for Commercial
Aircraft Applications  (SAND98-1015)

Report #1: “Development and Validation of Nondestructive Inspection Techniques for
Composite Doubler Repairs on Commercial Aircraft” -  The purpose of this report is to
document the NDI techniques and procedures which have been assessed to inspect bonded
composite doubler installations on aircraft structures.  The intent of the inspections are to
detect: 1) disbonds, delaminations, and porosity in the composite laminate, and 2) cracks in
the parent aluminum material.  An array of conventional and advanced NDI techniques were
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evaluated. Flaw detection sensitivity studies were conducted on applicable eddy current,
ultrasonic, X-ray and thermography based devices.  The pulse-echo ultrasonic technique
deployed in this program uses the traditional A-scan approach as its basis, however,
significant improvements are realized through the adoption of C-scan imaging.  An X-ray
inspection was modified from its original specification in the L-1011 NDT Manual.  A series
of tests were performed in order to: 1) verify that composite doublers do not impede X-ray
inspections, and 2) study X-ray optimization when inspecting through composite doublers.
This study concluded that a team of NDI techniques can identify flaws in composite doubler
installations well before they reach critical size.  The development of appropriate inspection
reference standards, critical to performing proper inspections, is also discussed.

Report #2: “Damage Tolerance Assessment of Bonded Composite Doubler Repairs for
Commercial Aircraft”  -  This report focuses on a series of fatigue and strength tests which
were conducted to study the damage tolerance and fatigue life enhancement associated with
Boron-Epoxy composite doublers.  Tension-tension fatigue and ultimate strength tests
attempted to grow engineered flaws in coupons with composite doublers bonded to aluminum
skin.  An array of design parameters, including various flaw scenarios, the effects of surface
impact, and other "off-design" conditions, were studied.  The structural tests were used to: 1)
assess the potential for interply delaminations and disbonds between the aluminum and the
laminate, and 2) determine the load transfer and crack mitigation capabilities of composite
doublers in the presence of severe defects.  A series of specimens were subjected to ultimate
tension tests in order to determine strength values and failure modes. Coupon test
configurations, the loads applied, the test procedures, and all associated results are
documented in this report.

Report #3: “Full-Scale Structural and NDI Validation Tests on Bonded Composite
Doublers for Commercial Aircraft Applications”  -  This report describes a series of
structural and nondestructive inspection (NDI) tests which were conducted to investigate the
performance of Boron-Epoxy composite doublers.  Full-scale tests were conducted on fuselage
panels cut from retired aircraft.  These full-scale tests studied stress reductions, crack
mitigation, and load transfer capabilities of composite doublers using simulated flight
conditions of cabin pressure and axial stress.  Also, structures which modeled key aspects of
aircraft structure repairs were subjected to extreme tension, shear and bending loads to
examine the composite laminate’s resistance to disbonds and delaminations especially in high
peel stress regions.  Nondestructive inspections were conducted throughout the test series in
order to validate pertinent techniques on actual aircraft structure.

The test results were also used to verify design and analyses methodologies for composite
doubler technology.  The primary test article was a large fuselage section cut from a retired
All Nippon Airways (ANA) L-1011 aircraft.  The fuselage test article included a passenger
door cut-out and contained all substructure frame, longeron, and stringer elements.  Several
other test configurations - consisting of composite doublers mounted on simulated aircraft
panels - were examined in order to assess the response of composite doublers in worst-case
shear and bending load scenarios.  These two test configurations were loaded to failure in
order to determine safety factors associated with current doubler design methodologies.
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Background and Deliverables -  The Federal Aviation Administration sponsored this project
at the AANC to determine the viability of bonded composite doublers and to gain FAA
approval for their use on commercial aircraft.  A specific application was chosen -
reinforcement of an L-1011 door frame - in order to provide the proof-of-concept driving
force behind this test and analysis project.  In addition to the AANC, other project team
members included Lockheed-Martin, Delta Air Lines, and Textron Specialty Materials.
Appropriate FAA oversight was provided through the Atlanta Aircraft Certification Office
(ACO) and the FAA’s William J. Hughes Technical Center.  The project deliverables will
assist the FAA in developing guidance which assures the continued airworthiness of
composite doublers.

The data stemming from this study serves as a comprehensive evaluation of bonded composite doublers for
general use.  The associated documentation package provides guidance regarding the design, analysis,
installation, damage tolerance, quality assurance, and nondestructive inspection of these doublers.
Although an initial aircraft application was pursued in parallel to this investigation, the overall goal was
to provide results that are pertinent to any use of Boron-Epoxy doublers for commercial aircraft
reinforcement or repair.  In order to streamline the use of composite doublers in other
applications, the documentation package for this validation effort resides in the public domain.
The FAA’s Atlanta ACO maintains the documents under the FAA project number SP1798AT-
Q.  The documentation package includes:

Report Report Number
1. Boron-Epoxy Material Allowables LG95ER0193
2. Damage Tolerance Assessment SNL96ER0189
3. Full-Scale Structural and NDI Testing SNL96ER0006
4. Boron-Epoxy Doubler Installation Process Specification TSM 2000,008-001
5. Design and Analysis of L-1011 Composite Doubler LG95ER0157
6. L-1011 Composite Doubler Drawing LCC-7622-378

(Upper Fwd. Corner, P-3 Passenger Door)
7. Nondestructive Inspection Procedures AANC-PEUT-Comp-5521/4-004

The first use of the above documentation package was to support the installation of an FAA-
approved Boron-Epoxy composite repair on a Lockheed L-1011 aircraft.  The repair has been
installed on the upper forward corner of a P3 passenger door frame.  The aircraft is currently
operating in the Delta Air Lines fleet.  Three post-installation inspections, spanning one year
of aircraft operation, have shown the doubler to be free of flaws.  A second important product
of the results cited above is the Lockheed-Martin Service Bulletin 093-53-278 which allows
the door corner composite doubler to be installed on all L-1011 aircraft.  With the successful
completion of the L-1011 door corner application, the FAA and AANC are now conducting a
program with Boeing and Federal Express to develop, certify, and install a more generic set of
composite doubler applications for a variety of common aircraft repairs.
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1.0  Background

In 1991, the FAA’s William J. Hughes Technical Center established The Airworthiness
Assurance NDI Validation Center (AANC) at Sandia National Laboratories.  Its primary
mission is to support technology development, validation, and transfer to industry in
order to enhance the airworthiness and improve the aircraft maintenance practices of the
U.S. commercial aviation industry.  The Center conducts projects in a myriad of
engineering disciplines.   The results are placed in the public domain so that the industry
at-large can reap the benefits of FAA-funded R & D efforts.  To support the Center’s
goals, the FAA/AANC has set up a hangar facility at the Albuquerque International
Airport which contains a series of transport and commuter aircraft.  The facility replicates
a working maintenance environment by incorporating both the physical inspection
difficulties as well as the environmental factors which influence maintenance reliability.
Sandia’s charter with the FAA includes a wide array of airworthiness assurance
disciplines such as nondestructive inspection, structural mechanics, computer science,
fire safety, and corrosion.

The development and application of new aircraft repair techniques needs to keep pace
with the growing understanding of aircraft structural aging phenomena.  One of the
primary goals of the Federal Aviation Administration’s (FAA) National Aging Aircraft
Research Program (NAARP) is to foster new technology associated with the repair of
civil aircraft.  A typical aircraft can experience over 2,000 fatigue cycles (cabin
pressurizations) and even greater flight hours in a single year.  The unavoidable by-
product of this use is that flaws develop throughout the aircraft’s skin and substructure
elements.  These flaws can take the form of cracks, corrosion, disbonds, dents, and
gouges.  Composite doublers, or repair patches, provide an innovative repair technique
which can enhance the way aircraft are maintained.  The high modulus of Boron-Epoxy
composite material enables a doubler to pick up load efficiently and effectively when
bonded to a metal structure.  The load transfer occurs by shear through the adhesive.

In its role as validator of advanced aircraft maintenance techniques, the AANC's main
objective is to perform comprehensive, independent, and quantitative evaluations of new
repairs and associated inspection techniques.  Towards that end, the Federal Aviation
Administration sponsored a project at the AANC to validate bonded composite doubler
technology and to gain FAA approval for composite doubler use on commercial aircraft.
An industry team consisting of an Original Equipment Manufacturer (Lockheed-Martin)
and an airline (Delta Air Lines) was formed.  FAA oversight was provided through the
Atlanta Aircraft Certification Office (ACO) and the FAA’s William J. Hughes Technical
Center.  The overall goal of this project was to establish the capabilities of composite
doublers and to assist the FAA in developing guidance which will assure the continued
airworthiness of these aircraft repairs.

Two focal points of this study were the effects of non-optimum installations and the
certification of adequate inspection procedures.  This document addresses the first item:
effects of non-optimum installations or damage tolerance.  A companion document under
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the auspices of this same FAA project discusses nondestructive inspections of Boron-
Epoxy composite doubler installations.

A series of fatigue and strength tests were performed in order to establish the damage
tolerance of composite doublers.  Fatigue and ultimate strength tests were carried out on
specimens with crack, disbond, and impact flaws.  Environmental conditions representing
temperature and humidity exposure were also included in some of the coupon tests.  The
structural tests were used to: 1) assess the potential for interply delaminations and
disbonds between the aluminum and the laminate, and 2) determine the load transfer and
crack mitigation capabilities of composite doublers in the presence of severe defects.  A
series of specimens were subjected to ultimate tension tests in order to determine strength
values and failure modes.  The damage tolerance was determined in light of the
inspection requirements and resolution for flaw detection.  In this project, close
consultation with the FAA and the air transport industry was pursued in order to meet the
necessary requirements.  Active industry involvement was essential to the efficient
execution of the AANC activities and ensured the relevance of any resulting
recommendations.

In addition to developing general information to support composite doubler use, this
program introduced composite doubler technology to the U.S. commercial aircraft fleet.
A specific application was chosen - reinforcement of an L-1011 door frame - in order to
provide the proof-of-concept driving force behind this test and analysis project.  By
focusing on a particular commercial aircraft application - reinforcement of the L-1011
door frame - and encompassing all “ cradle-to-grave”  issues such as design, analysis,
installation, long term durability, and nondestructive inspection, this program was
designed to comprehensively evaluate the capabilities of composite doublers. The first
use of the damage tolerance assessment presented herein was to support the structural
analysis of the L-1011 composite doubler (Reference [1]).

AANC and Validation Issues for Bonded Composite Doublers - The use of composite
doublers in commercial aviation must address issues such as installation, subsequent
inspection and long-term endurance.  Because of the rapidly increasing use of composites
on commercial airplanes, coupled with the potential for economic savings associated with
their use in aircraft structures, it appears that the demand for validated composite repair
technology will increase.

Efforts to bring newly developed technology to the field can encounter some obstacles.
Field personnel may be reluctant to accept new repair practices and associated NDI
procedures for several reasons.  The technology may not be fully field tested; there may
not be enough experience under field conditions.  It may require the purchase of new
equipment and aircraft maintenance facilities want proof that the capital outlay is
justified.  Further, it may require retraining personnel.  The AANC was set up to
comprehensively address these obstacles and reduce the risks involved in introducing
new maintenance practices to the field.  The Center does this by evaluating the
performance of new hardware, software, and NDI procedures; by demonstrating and
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documenting the performance of systems; and by supporting the economic analyses of
new maintenance practices.

Bonded Composite Doublers on Aircraft Structure -  The number of commercial
airframes exceeding twenty years of service continues to grow.  In addition, Service Life
Extension Programs are becoming more prevalent and test and evaluation programs are
presently being conducted to extend the “ economic”  service life of commercial airframes
to thirty years.  The use of bonded composites may offer the airframe manufacturers and
airline maintenance facilities a cost effective technique to safely extend the lives of their
aircraft.  Flight demonstrations and operational testing have confirmed that under proper
conditions, composite doublers can provide a long lasting and effective repair or
structural reinforcement [2-6].  Reference [6] describes a series of analytical models
which were developed to study the stress field in and around composite doublers and the
crack growth life extension resulting from composite doubler use.

The comprehensive goal of these AANC validation efforts are to address any remaining
uncertainties about composite doublers and thus, assure: 1) proper design and installation
processes, and 2) the continued safe operation of the doublers over time.  Through the use
of laboratory test structures and flight demonstrations on an in-service L-1011 airplane,
this study investigated general composite doubler design, fabrication, installation,
structural integrity, and nondestructive evaluation.

Repairs and reinforcing doublers using bonded composites have numerous advantages
over mechanically fastened repairs.  Adhesive bonding eliminates stress concentrations,
and new potential crack initiation sites, caused by additional fastener holes.  Composites
are readily formed into complex shapes permitting the repair of irregular components.
Also, composite doublers can be tailored to meet specific anisotropy needs thus
eliminating the undesirable stiffening of a structure in directions other than those
required.  Other advantages include corrosion resistance, a high strength-to-weight ratio,
and potential time savings in installation.  The economic advantages stem primarily from
time savings in installation and the secondary effect of reduced aircraft downtime.  Exact
dollar values depend on the complexity of the repair installation and the number of
repairs installed.

Typical Composite Doubler Installation and NDI - Figure 1 shows a typical bonded
composite doubler repair over a cracked parent aluminum structure.  Sample composite
doubler installations, showing two families of potential aircraft repair applications, are
shown in Figure 2.  The number of plies and fiber orientation are determined by the
nature of the reinforcement required (i.e. stress field and configuration of original
structure).  Surface preparation is the most critical aspect of the doubler installation.  This
consists of paint removal, solvent clean, scotch-brite abrasion and chemical treatment to
assure proper adhesion.  Since the doubler must be installed in the field, vacuum bag
pressure and thermal heat blankets, commonly used on in-situ honeycomb repairs, are
used to cure the composite laminate and adhesive layer.
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The taper at the edge of the doubler is used to produce a gradually increasing stress
gradient in the area of primary load transfer.  In some applications, such as the L-1011
door corner doubler design, lightning protection is provided by a copper wire mesh which
is imbedded in an adhesive film and applied as a top ply over the doubler.  The lightning
protection ply has a larger footprint than the composite laminate in order to provide a
conductive link between the copper mesh and the surrounding aluminum skin.  Finally, a
top ply of fiberglass is installed to supply mechanical and environmental protection for
the installation.

Predominant Boron Fiber 
Direction in Doubler Lay-up

σ
Applied Stress

Multi-Ply Boron-Epoxy Doubler

Structural Damage
(Stop-Drilled Crack Shown)

Metal “Parent” Structure

σ
Applied Stress

Doubler Thickness Taper 
Around Perimeter

Substructure Elements 
(e.g. doubler, stringer or frame flanges)

Stop-Drilled Crack

Aluminum Skin

Rivet

Boron-Epoxy Doubler
Tapered Edge of Doubler

Adhesive

Primer

Aluminum
Surface 
Treatment
(Anodize)

Fiberglass 
Cover Plies

Rivet in Parent Material 

Lightning Protection Ply
(use is location dependent)

Figure 1:  Schematic of Bonded Composite Doubler
Installation on an Aluminum Skin
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(a)  Sample Fuselage Skin Repair
(composite doubler approx. 12" X 10")

(b)  Sample Door Corner Repair
(composite doubler approx. 5 ft.2 footprint)

Figure 2:  Sample Bonded Composite Doubler Installations Showing Two Families
of Potential Repair Applications

1.1  Doubler Design Guidelines

Moving Technology into Routine Maintenance Progams - Reference [7] describes
airframe maintenance programs from an airlines’ perspective.  It describes sources of
aircraft damage and how the damage is addressed through inspection and repair tasks.  A
detailed maintenance program is required to ensure that an aircraft can be operated safely



6

for an extended period of time.  The emphasis of the maintenance program must be
constantly adjusted to cater to the age of the fleet [7].  These revisions require the co-
operation of the aircraft manufacturers, the airlines, and the airworthiness authority to
ensure that changes made are technically correct, stringent enough to assure the aircraft’s
continued safety, with due consideration to the cost to the airline.  Aircraft structures
suffer continuous degradation throughout their service lives.  Corrosion, fatigue, impact
and accidental damage from assorted ground activities all contribute to this structural
degradation.  The airlines and aircraft maintenance depots accomplish permanent and
interim repairs suited to the situation and in line with current industry practices.  These
acceptable repair practices must be continuously revisited and expanded to take
advantage of new materials, new processes, and new techniques that offer both
engineering and economic advantages.  Through the steady and comprehensive
introduction of test data, analyses, and in-service composite doubler installations on
commercial aircraft a critical database is being assembled to accurately guide
enhancements to formal maintenance programs.  This is an important step in the
evolution of composite doubler applications since it will eventually eliminate the need for
each bonded composite repair to be preceded by a lengthy research and testing program.

Doubler Design Guidelines – References [8-11] provide an excellent set of guidelines
for designing composite doubler repairs.  The primary issues to be addressed include the
optimum location, size, shape, and laminate taper for the patches.  The major factors that
determine the patch design parameters are the stress levels at the repaired flaw, the stress
levels in the composite doubler (maximum allowable fiber stresses), and the stress levels
in the adhesive layer between the doubler and the aluminum skin.  The important,
fundamental results produced by Jones and Callinan in ref. [8] are worth reviewing in
some detail in order to prepare for the damage tolerance discussions later in this report.

The ref. [8] crack repair study used a unidirectional Boron-Epoxy laminate (fiber
perpendicular to crack) as a baseline design.  The study found that for patches that cover
the entire length of the crack, a one ply (0.0057”  thick) patch reduces the stress intensity
factor to 33.5% of its value for the unpatched crack.  Furthermore, the rate of decrease in
the stress intensity factor, K1P, as the patch thickness increases was found to be quite low.
A six layer patch, for example, produced a K1P value of 19.5% of the unpatched value.
Thus, an increase in patch thickness by a factor of 6 only produces an additional 14%
reduction in the stress intensity factor.  Another important finding of the ref. [8] study
was that in thin patches, the stresses over the flaw (in both the patch and the adhesive) are
critical.  However, as the patch thickness is increased, the shear stresses in the adhesive at
the edges of the patch footprint become critical and may exceed allowable limits.

The findings summarized above produced a series of design requirements that are
necessary to maintaining the structural integrity of a composite doubler repair [8].

1) Fiber Strain – For a maximum Boron fiber strain of 5,000 µε, the stress in the
fibers must satisfy
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σf  <  0.005 E11 (1)

where E11 is Young’s modulus in the direction of the fibers (28.0 X 106 psi).  When
the fiber stress concentration, Kf, is considered the governing equation for fiber
strain becomes

σf = Kf σ <  .14 lb/in2 (2)

Thus, if the applied stress, σ, is known the maximum permissible value of Kf and
the minimum permissible patch thickness can be determined.

2) Shear Stress in Adhesive – For a maximum allowable adhesive shear stress of 7
KSI and considering the stress concentrations at the crack and at the edge of the
patch, the following design equations must be satisfied

τa(c) = Ka(c) σ <  7,000 lb/in2 (3)

τa(e) = Ka(e) σ <  7,000 lb/in2 (4)

Equations (2) and (3) can be solved to produce a doubler thickness to satisfy the stress
requirements at the crack (for both laminate and adhesive).  However, this often produces
adhesive stresses at the edge of the doubler that exceed those allowed by eq. (4).  Ref. [8]
showed that the adhesive stresses at the edge of the doubler can be reduced to admissible
levels by stepping the thickness of the doubler from one or two plies at the outer
perimeter to full thickness over a taper region.  The length of the taper region is normally
chosen to produce an edge taper ratio (taper depth-to-thickness increase ratio) of 10 to 30.
Figure 1 shows a typical doubler edge taper used to gradually transfer load from the
aluminum skin and reduce the shear stress in the adhesive.  An ongoing study at the
AANC regarding the application of composite doublers to DC-10 skin damage
encountered this need to balance doubler thickness with an appropriate edge taper [12].

Ref. [8] provides quantitative stress reductions corresponding to the use of stepped
doublers.  It also lists the effects of varying adhesive thickness and the difference
between single- and double-sided repairs.

Doubler Installation Examples -  Numerous composite doubler repairs have been
installed on military aircraft (both U.S. and foreign).  Significant advances have been
made on commercial aircraft applications [13-20], however, most of these have occurred
on non U.S. certificated aircraft.  Hence, the basis of this FAA-sponsored program is to
safely and comprehensively introduce the use of composite repairs to the U.S.
commercial aircraft fleet.  Some examples of successful composite doubler repairs
follows.  Reference [14] describes a well-documented and extensive composite repair
program carried out by the U.S. Air Force.  In this program, composite doublers were
used to repair cracks emanating from weep holes in the C-141 wing plank risers.
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Reference [15] gives an overview of the applications pursued by the Aeronautical and
Maritime Research Laboratory in Australia which has pioneered the use of this
technology.  These composite doubler applications include crack repairs on an F111 wing
pivot fitting and stiffening of a corroded keel beam in an Ansett Airlines 767 aircraft.
References [17-20] describe the program being led by the FAA’s Airworthiness
Assurance Center at Sandia National Labs.  This program is working to validate the use
of composite doublers and streamline their introduction to the U.S. commercial aircraft
fleet.  An L-1011 door corner repair is now operating in the Delta Air Lines fleet while a
family of DC-10 fuselage skin repairs are being readied for a pilot program with Federal
Express.  A series of demonstration programs [13, 15] have produced hundreds of
simulated repair installations on commercial and military aircraft.  Since the parent
structures were not flawed in these demonstration programs, there were no detrimental
effects stemming from stress risers beneath the doublers.  However, these composite
doubler programs are accumulating thousands of successful flight hours/cycles that can
be used to further establish the viability of composite doubler repair technology.

1.2  Damage Tolerance and Fracture Control Plan

1.2.1 Damage Tolerance and Analysis Methodologies

Damage Tolerance of Composite Doublers –  Inspection requirements (sensitivity and
inspection intervals) are driven by Damage Tolerance Analyses (DTA).  However, the
stack of metal parent material (isotropic), composite lamina (anisotropic), and adhesive
layers makes the analysis quite complex and hinders the calculation of an exact DTA.  It
is difficult to determine the effects of flaw size and the point at which a flaw size/location
becomes critical.  This is especially true of disbond, delamination, and porosity flaws.
Thus, an increased emphasis is placed on quantifying the probability that a flaw of a
particular size and location will be detected by a piece of NDT equipment.  In any
surveillance of aircraft structure there are three main aspects to the inspection requirements: 1) the
damage tolerance analysis (DTA) which determines the flaw onset and growth data (especially critical
flaw size information), 2) the sensitivity, accuracy, and repeatability of NDI techniques which, in
concert with the DTA, establishes the minimum inspection intervals, and 3) the impediments that the
NDI techniques must contend with while achieving the required level of sensitivity.  In addition to
this report, detailed discussions on damage tolerance assessments for composite doubler
installations are presented in references [21-25].

The reference [24] observations mirror one of the primary results obtained in the damage
tolerance assessment presented in this report: adhesively bonded doublers are extremely
damage tolerant to large disbonds and other detrimental conditions such as impact and
hot-wet conditioning.  These results are quantified in Section 3 of this report.  If, in fact,
disbond and delamination flaws do not grow even under extreme environmental
conditions, then an acceptable design should be predicated on the fact that the stresses in
the adhesive are kept below a limiting or threshold value.  As a result, reference [24]
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introduces an essential design methodology that considers damage tolerance.  It uses a

fatigue threshold load, Pf, and a fatigue threshold strain, εf, below which irreversible
damage in the adhesive will not occur.  For thin skin repairs, the equations used to
determine the threshold load and strain values are as follows:

Pf = 2 (t Wf ET)1/2 (5)

εf = 2 (t Wf E/T)1/2 (6)

where,
t = thickness of the adhesive
T = thickness of the adherend (skin)
E = Young’s modulus of the skin
Wf = threshold value of the strain energy density of the adhesive

Wf can be determined experimentally [25].  Ref. [24] also describes the maximum load,
Pmax, that can be carried by a bond in a symmetrical bonded joint as,

Pmax = 2 (t Wc ET)1/2 (7)

where Wc is the maximum strain energy density of the adhesive.  Thus, composite
doubler repair design guidelines are that Pmax is greater than the ultimate load for the
repaired structure and that Pf is greater than the limit load.  Ref. [24] also points out that
these critical design variables are affected by the loading rate.  A conservative estimate
for Pmax can be obtained by using the value of the maximum von Mises equivalent stress

in the adhesive, σe, as measured in high strain rate tests.  For FM73, the adhesive used in

this study, σe = Pmax = 5,800 psi and the threshold stress σth = 3,600 psi.  This analysis
approach clearly shows the importance of the adhesive in determining the overall
performance of the bonded repair.  Ref. [24] goes on to point out the effects of the
inelastic strain build-up in the adhesive layer that can accumulate with each load cycle.
This hysteresis must be considered when determining the loads and fatigue cycles
necessary to reach the maximum strain. The approach outlined above can be used to
certify that a composite doubler design will satisfy the damage tolerance provisions of the
U.S. Federal Aviation Regulations (FAR) Part 25.

The abilities of nondestructive inspection techniques to meet the DTA flaw detection
requirements are presented in references [17-18, 26-28].  The fundamental result from the
ref. [18] NDI study is that a team of NDI techniques can identify flaws well before they
reach critical size.  Crack detection in the parent aluminum material can be accomplished
using conventional eddy current and X-ray techniques. Also, ultrasonic and
thermography methods have been successfully applied to the problem of disbond and
delamination detection.
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Analysis of Composite Repairs – Numerous efforts have developed, refined, and
advanced the use of methodologies needed to analyze composite doubler installations.
Obviously, this is a critical element in the repair process since a badly implemented
repair is detrimental to fatigue life and may lead to the near-term loss of structural
integrity.  The difficulties associated with analyzing the stress fields and flaw tolerance of
various composite doubler designs and installations are highlighted in references [5],
[21], and [23].  Doubler design and analysis studies [5-6, 24, 29-36] have led to computer
codes and turn-key software [37-38] for streamlining the analyses.  These developments
have taken great strides to eliminate the approximations and limitations in composite
doubler DTA.  In references [21] and [31], Baker presents an extensive study of crack
growth in repaired panels under constant amplitude and spectrum loading.  The
installation variables evaluated were: 1) doubler disbond size, 2) applied stress, 3)
doubler thickness, 4) min-to-max stress ratios (R ratio), and 5) temperature.

In refs. [21] and [31], a predictive capability for the growth of cracks repaired with
composite doublers was developed using Rose’s analytical model [32] and experimental

fatigue studies.  The important stress variables include the stress range, ∆σ∞, and stress
ratio, R,  where,

∆σ∞ = σmax - σmin (8)

R = σmin/ σmax (9)

A Paris-type crack growth relationship is assumed between da/dN and ∆K for the repaired
crack such that,

da/dN = f(∆K,R) = AR∆Kn(R) (10)

where a is the crack length, N is the number of fatigue cycles, and AR and n(R) are
constants for a given R value.  Tests results in [21] and [31] produced crack growth
constants and were used to validate the model for crack mitigation effects of composite
doublers.  It was determined that Rose’s model for predicting the stress-intensity range,
∆K, provides a good correlation with measured crack growth data (da/dN), however,
anomalies were observed in the cases of temperature and R-ratio effects.  Estimates of
crack growth in composite doublers containing various disbond sizes were also
determined.

In lieu of using computationally expensive, three-dimensional finite elements, reference
[33] presents the use of a simple analysis using Mindlin plate theory.  The aluminum
parent plate and composite doubler are modeled separately by the Mindlin plate finite
element (using ANSYS) and the adhesive layer is modeled with effective springs
connecting the doubler to the aluminum plate.  The model showed excellent agreement
with existing boundary element solutions and three-dimensional finite element solutions
when calculating the stress intensity factors for double-sided patches.  However, the
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Mindlin plate theory produced appreciably different K values than a three-dimensional
FEM for single-sided doubler repairs.  These results highlight some of the difficulties in
modeling composite doubler repairs and the need for innovative schemes to address
single-sided repairs.

Complete three dimensional FEM analyses of composite doubler repairs are provided in
reference [34].  Ref. [34] addressed one-sided repairs and showed that the stress intensity
factor reaches an asymptotic value, rather than increasing indefinitely as would be the
case for an unrepaired crack.  Furthermore, the stress intensity factor can be
approximated by an analytical expression that provides a close, yet conservative, estimate
for repairs over all crack lengths.  While the stress intensity factor for a one-sided repair
is much less than the unrepaired configuration, it exceeds the value for the corresponding
two-sided repair.  This analytical finding supports test results that show the secondary
bending induced by the shift in neutral axis in one-sided patch has a detrimental effect on
the efficiency of bonded composite repairs.

No discussion of design and analysis methodologies is complete without a mention of a
closely-coupled validation program.  Reference [35] presents a detailed design and
analysis validation effort to substantiate a safety-critical repair to an F-111 lower wing
skin.  The repair substantiation involved both detailed FEM stress analysis and structural
testing ranging from coupons to quasi full-scale specimens representing a spar-stiffened
wing box structure.  The intercomparison of results provides a high level of confidence
that the static residual strength has been restored to the original ultimate strength levels.
It also provides a good foundation for the subsequent management of the repaired
structure by establishing inspection intervals with sufficient safety factors.

The test results presented in this document and in reference [17] supplement the
composite doubler analyses efforts described above and provide a basis of comparison
with computational models.  Analysis improvements, however, must be validated by
successful flight performance of operational doublers.  This can only be accumulated
over a long period of time.  Continued surveillance of installed doublers will provide
quantitative flight performance history and produce a conservative safety factor.  Thus,
regardless of the excellent damage tolerance results accumulated to date, NDI will
continue to play a critical role in the use of composite doublers.

This damage tolerance assessment report, along with references [17-19], describes the
validation program that accompanied the L-1011 door corner repair.  In these four
documents, the attempts to generalize the performance test results are discussed.  Every
effort was made to design the test specimens and extrapolate the results to as wide a
range of composite doubler repairs as possible.  The overall goal in this approach is to
minimize and optimize the testing that must compliment each new composite doubler
installation.  In order for composite doubler technology to be useful to the commercial
aircraft industry, the design-to-installation cycle must be streamlined.  An ongoing study
at the AANC is addressing composite doubler repairs on DC-10 fuselage skin [20] with
the goal of streamlining the design, validation, and certification process.  The end result
will be the revision of the DC-10 Structural Repair Manual (alternate repairs for existing
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riveted metallic doublers) thus allowing more rapid and widespread use of specific
doubler repairs.  It should be noted that a closely monitored pilot program will be
completed prior to any revision of the DC-10 Structural Repair Manual.

Need for Damage Tolerance Assessments - One of the primary concerns surrounding
composite doubler technology pertains to long-term survivability, especially in the
presence of non-optimum installations.  This test program demonstrated the damage
tolerance capabilities of bonded composite doublers.  The fatigue and strength tests
quantified the structural response and crack abatement capabilities of Boron-Epoxy
doublers in the presence of worst case flaw scenarios.  The engineered flaws included
cracks in the parent material, disbonds in the adhesive layer, and impact damage to the
composite laminate.  Environmental conditions representing temperature and humidity
exposure were also included in the coupon tests.

1.2.2 Damage Tolerance Establishes Fracture Control Plan

Establishing Damage Tolerance -  Damage tolerance is the ability of an aircraft
structure to sustain damage, without catastrophic failure, until such time that the
component can be repaired or replaced.  The U.S. Federal Aviation Requirements (FAR
25) specify that the residual strength shall not fall below limit load, PL, which is the load
anticipated to occur once in the life of an aircraft.  This establishes the minimum

permissible residual strength σP = σL.  To varying degrees, the strength of composite
doubler repairs are affected by crack, disbond, and delamination flaws.  The residual
strength as a function of flaw size can be calculated using fracture mechanics concepts.
Figure 3 shows a sample residual strength diagram.  The residual strength curve is used

to relate this minimum permissible residual strength, σP, to a maximum permissible flaw
size aP.

Design
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(j * σmax)

σp = σL
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σp= min permissible residual strength

ap = max permissible flaw size

ap ac

Residual
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Figure 3:  Residual Strength Curve

A fracture control plan is needed to safely address any possible flaws which may develop
in a structure.  Nondestructive inspection is the tool used to implement the fraction
control plan.  Once the maximum permissible flaw size is determined, the additional
information needed to properly apply NDI is the flaw growth versus time or number of
cycles.  Figure 4 contains a flaw growth curve.  The first item of note is the total time, or
cycles, required to reach aP.  A second parameter of note is ad  which is the minimum
detectable flaw size.  A flaw smaller than ad would likely be undetected and thus,
inspections performed in the time frame prior to nd  would be of little value.  The time, or
number of cycles, associated with the bounding parameters ad  and aP  is set forth by the
flaw growth curve and establishes H(inspection).  Safety is maintained by providing at least
two inspections during H(inspection) to ensure flaw detection between ad  and aP .

Inspection Intervals - An important NDI feature highlighted by Fig. 4 is the large effect
that NDI sensitivity has on the required inspection interval.  Two sample flaw detection
levels ad (1) and ad (2) are shown along with their corresponding intervals nd (1) and nd (2) .
Because of the gradual slope of the flaw growth curve in this region, it can be seen that
the inspection interval H1(inspection)  can be much larger than H2(inspection) if NDI can
produce just a slightly better flaw detection capability.  Since the detectable flaw size
provides the basis for the inspection interval, it is essential that quantitative measures of
flaw detection are performed for each NDI technique applied to the structure of interest.
This quantitative measure is represented by a Probability of Detection (PoD) curve such
as the one shown in Figure 5.  Regardless of the flaw size, the PoD never quite reaches 1
(100% possibility of detection).  Inspection sensitivity requirements normally ask for a
90-95% PoD at aP.  For any given inspection task, the PoD is affected by many factors
such as: 1) the skill and experience of the inspector, 2) accessibility to the structure, 3)
exposure of the inspection surface, and 4) confounding attributes such as underlying
structure or the presence of rivets.  Thus, the effects of circumstances on PoD must be
accounted for in any NDI application and associated fracture control plan.

As an example of the DTA discussed above, reference [1] describes the design and
analysis process used in the L-1011 program.  It presents the typical data - stress,
strength, safety factors, and damage tolerance - needed to validate a composite doubler
design.  The design was analyzed using a finite element model of the fuselage structure in
the door region along with a series of other composite laminate and fatigue/fracture
computer codes.  Model results predicted the doubler stresses and the reduction in stress
in the aluminum skin at the door corner.  Peak stresses in the door corner region were
reduced by approximately 30% and out-of-plane bending moments were reduced by a
factor of 6.  The analysis showed that the doubler provided the proper fatigue
enhancement over the entire range of environmental conditions.  The damage tolerance
analysis indicated that the safety-limit of the structure is increased from 8,400 flights to
23,280 flights after the doubler installation (280% increase in safety-limit).  It established
an inspection interval for the aluminum and composite doubler of 4,500 flights.
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1.2.3  Damage Tolerance Testing

A series of fatigue coupons were designed to evaluate the damage tolerance performance
of bonded composite doublers. The general issues addressed were:  1)  doubler design -
strength, durability, 2) doubler installation, and 3)  NDI techniques used to qualify and
accept installation.  Each specimen consisted of an aluminum “parent”  plate,
representing the original aircraft skin, with a bonded composite doubler.  The doubler
was bonded over a flaw in the parent aluminum.  The flaws included fatigue cracks
(unabated and stop-drilled), aluminum cut-out regions, and disbond combinations.  The
most severe flaw scenario was an unabated fatigue crack which had a co-located disbond
(i.e. no adhesion between doubler and parent aluminum plate) as well as two, large, 1"
diameter disbonds in the critical load transfer region of the doubler perimeter.  Tension-
tension fatigue and residual strength tests were conducted on the laboratory specimens.
The entire damage tolerance assessment program and the test results are presented in the
following chapters.  Through-transmission ultrasonics, resonance UT, and eddy current
inspection techniques were interjected throughout the fatigue test series in order to track
the flaw growth.

General Use of Results - The objective of this test effort was to obtain a generic
assessment of the ability of Boron-Epoxy doublers to reinforce and repair cracked
aluminum structure.  By designing the specimens using the nondimensional stiffness
ratio, it is possible to extrapolate these results to various parent structure and composite
laminate combinations.  The number of plies and fiber orientations used in these tests
resulted in an extensional stiffness ratio of 1.2:1 {(Et)BE = 1.2 (Et)Al}.  Independent Air
Force [39] and Boeing studies [40-41] have determined that stiffness ratios of 1.2 to 1.5
produce effective doubler designs.  Lockheed-Martin has also used this range of stiffness
ratios in military composite doubler designs.

1.3  Conformity Inspection and FAA Oversight

Appropriate conformity checks and FAA oversight was obtained on all aspects of specimen
fabrication, testing, and data acquisition.  The following items were witnessed by the FAA or
an FAA designated representative.  The test plan was reviewed and approved by a Designated
Engineering Representative.

1. Fabrication of the test specimens - composite doubler fabrication and installation.
2. Impact and hot-wet conditioning of test specimens.
3. Conformity inspection of coupon test articles to assure adherence to specified structural

configuration.
4. Verification that the calibration and operation of test equipment was current.
5. Verification of strain gage locations.
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1.4  Technical and Economic Considerations

Cost-Benefit Assessment - A complete validation process must also include an
assessment of the cost effectiveness of the new maintenance technique in light of the
engineering advantages.  This includes an analysis of the implementation costs
represented by dollars, time, and resources that are used to carry out the maintenance
practice (in this case aircraft repair and subsequent inspection). The aircraft repair process
using bonded composite doublers has numerous advantages over conventional,
mechanically fastened repairs.  Following is a summary of the engineering and economic
advantages.  Table 1 compares the key features of composite doubler repairs with
existing metallic doubler repair technology.

Engineering Advantages:
1. adhesive bonding eliminates stress concentrations caused by additional fastener holes
2.  crack mitigation performance (improved fatigue life of structure)
3.  strength-to-weight ratio (modulus and strength values are three times that of

aluminum yet material is 50% lighter and doublers can be up to 50% thinner than
metal repairs)

4.  flexibility in design (composite doublers can be tailored to meet specific directional
strength needs)

5.  corrosion resistance (Boron-Epoxy material does not corrode and will not induce
corrosion in the parent material)

6.  formability (composite laminates are easily formed to fit the contour of fuselage
sections and tight radii).

Economic Advantages:

The economic advantages stem primarily from time savings in installation and the
secondary effect of reduced aircraft downtime.  Exact dollar values depend on the
complexity of the repair installation and the number of repairs installed.  In general, data
accumulated to date using demonstration installations have indicated that it may be
possible to realize a 50% - 60% savings in labor when applying composite doublers.

One of the most common aircraft repairs is the application of a doubler to a cracked,
corroded, or dented surface skin (scab repairs).  Composite doublers are particularly well
suited to these type of repairs.  Many of these repairs can be completed without accessing
the inside of the aircraft structure.  This can produce a large time savings if the
comparable metallic doubler requires inside access to install the fasteners.  These type of
surface skin scab repairs can be found many times on a single aircraft.  Thus, economies
of scale come into play and the cost savings can be substantial when applied over a
carrier’s entire fleet.

An important by-product of the reduced man-hours needed to effect a composite doubler
repair is that it may be possible to return an aircraft to service earlier.  In some cases, a
composite doubler may allow for an overnight repair and eliminate any loss of service for
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an aircraft.  Revenue loss for aircraft down time can be upwards of $80,000 per day.
With approximately 6,000 aircraft flying in the U.S. commercial fleet, reduced aircraft
downtime may represent the greatest potential for cost savings.

Aircraft

Repair

Feature

Bonded Composite

Doublers

Riveted Metal Doublers Advantage of

Composites & Notes

Stress Field • No need for additional

fastener holes in structure

• Bond provides a

uniform stress filed

• New holes produce stress

risers and fatigue crack

initiation sites

• Load transfer occurs

exclusively at

edge of doubler

• Produces gradual load

transfer and more uniform

stress field

• Eliminates stress risers

(stress magnification

of 3 found in riveted

doublers)

Fatigue Life • Composite doubler can be

tailored to provide

stiffness only in the

required directions

• Bonded doubler provides

uniform stress reduction in

immediate vicinity of flaw

• Isotropic material produces

uniform & sometimes

undesirable stiffening in all

directions

• Longer Fatigue Life:

crack mitigation tests show

less than half the crack

growth over the same

number of fatigue cycles

(fatigue life improved by

factor of 2.5)

• Improved damage tolerance

Corrosion

Resistance

• Boron-Epoxy material

does not corrode or induce

galvanic reaction in the

parent aluminum material

• Adhesive bonding process

seals off material beneath it

from all moisture

• Metal doublers will corrode

over time

• Installation provides location

for water entrapment between

doubler and parent aluminum

structure; this accelerates

corrosion process

• May eliminate follow-up

maintenance costs

(inspection, corrosion

removal, replacement

of metal doubler)

• Avoids aggravation

of initial flawed area

Aerodynamics • Higher strength at

reduced ply thickness

allows for thinner doublers

• Typical repairs are two to four

plates thick (0.125" to 0.375")

• Up to 50% decrease in

thickness improves

aerodynamics

Table 1: Comparison Between Bonded Composite Doubler Repair Technique
and Riveted Metallic Doubler Aircraft Repairs
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Aircraft

Repair

Feature

Bonded Composite

Doublers

Riveted Metal Doublers Advantage of

Composites & Notes

Strength-to

Weight

• Modulus = 28 msi

• Tensile Strength = 225 ksi

• Density = .066 lbs/in3

• Modulus (alum/steel) =

10 / 30 msi

• Tensile Strength

(alum/steel) = 64 / 80 ksi

• Density (alum/steel) =

0.100 / 0.283 lbs/in3

• Strength properties exceed

aluminum and steel

• Improved fuel efficiency

through reduction in aircraft

weight (50% - 70%

reduction in weight per

doubler)

Method of

Attachment to

Aircraft

• Adhesive bonding • Mechanical fasteners, rivets • Certain structures, such as

wing spars, cannot tolerate

the addition of new holes

(must be replaced rather

than repaired)

• Proper surface preparation

and adhesive bonding

processes are crucial to

composite doublers

Formability • Hand pressure can readily

shape doubler to contoured

surfaces (e.g. engine

cowlings, wing leading

edges)

• Machining process must be

employed to provide proper

contour on metal doublers

in tight radii areas

• Eliminates additional step

and associated costs

Table 1: Comparison Between Bonded Composite Doubler Repair Technique
and Riveted Metallic Doubler Aircraft Repairs  (continued)
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Aircraft

Repair

Feature

Bonded Composite

Doublers

Riveted Metal Doublers Advantage of

Composites & Notes

Installation

Time

• Typical 1 ft.2 fuselage

skin repair (12 man-hours)

• Typical 1 ft.2 fuselage

skin repair (40 man-hours)

• Decreased aircraft down

time

• Maintenance cost savings

due to reduced man-hours

required

Material Cost • Cost depends on size of

doubler and number of

plies

• Typical 1 ft.2 skin repair

doubler: $800

(20 plies)

• Depends on number of plates &

rivets, metal type, and forming

required

• Typical 1 ft.2 skin repair

doubler: $300

(including machining)

• Costs approximately 2.5

times comparable metal

doublers

• Greater material costs can

be offset by savings in man-

hours & decreased aircraft

downtime

Table 1: Comparison Between Bonded Composite Doubler Repair Technique
and Riveted Metallic Doubler Aircraft Repairs  (continued)
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2.0 Composite Doubler Damage Tolerance Tests

The Composite Coupon test series utilized tension specimens to assess the damage
tolerance and strength of composite doublers bonded to aluminum skin.  Fatigue and
ultimate strength tests were performed on specimens with crack, disbond, and impact
flaws.  Environmental conditions representing temperature and humidity exposure were
also included in some of the coupon tests.  The structural tests were used to: 1) assess the
potential for interply delaminations and disbonds between the aluminum and the
laminate, and 2) determine the load transfer and crack mitigation capabilities of
composite doublers in the presence of severe defects.  A series of specimens were
subjected to ultimate tension tests in order to determine strength values and failure
modes.  Nondestructive inspections (NDI) were interjected throughout the test series in
order to closely monitor the response of the specimens during testing.  Photographs of the
damage tolerance test set-up and a close-up view of a composite doubler test coupon are
shown in Figure 6.

The two main potential causes of structural failure in composite doubler installations are
cracks in the aluminum and adhesive disbonds/delaminations.  When disbonds or
delaminations occur, they may lead to joint failures.  By their nature, they occur at an
interface and are, therefore, always hidden.  A combination of fatigue loads and other
environmental weathering effects can combine to initiate these types of flaws.  Periodic
inspections of the composite doubler for disbonds and delaminations (from fabrication,
installation, fatigue, or impact damage) is essential to assuring the successful operation of
the doubler over time.  The interactions at the bond interface are extremely complex, with
the result that the strength of the bond is difficult to predict or measure.  Even a partial
disbond may compromise the integrity of the structural assembly.  Therefore, it is
necessary to detect all areas of disbonding or delamination, as directed by DTA, before
joint failures can occur.

2.1  Participants in Coupon Specimen Fabrication and Testing

1. Preparation of aluminum substrate plates prior to composite doubler installation was
performed by the Sandia Lab’s AANC as per Section 2.3.1.

 
2. The Boron-Epoxy doubler was fabricated and installed on the aluminum substrate by

Textron Specialty Materials as per Section 2.3.2.
 
3. Impact damage was imparted to the appropriate specimens by Lockheed-Martin as per

Section 2.3.3.
 
4. Conditioning (temperature and humidity) of appropriate specimens was performed by

Lockheed-Martin as per Section 2.3.4.
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(a)

(b)
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Figure 6:  Set-Up for Damage Tolerance Tests and Close-Up View of Coupon
Specimen Mounted in Machine Grips

5. Fatigue and ultimate strength tests were performed by the Sandia Lab’s AANC as per
Section 2.4.2.

 
6. Specimen fabrication and subsequent tests were conformed and witnessed by the FAA

or its authorized designee as per Section 1.3.  The FAA Atlanta Aircraft Certification
Office served as the primary point of contact.

2.2  Coupon Configuration

The nine specimen configurations that were tested are described below and summarized
in Table 2.  Each specimen consisted of an aluminum “parent”  plate, representing the
original aircraft skin, with a bonded composite doubler.  The doubler was bonded over a
flaw in the parent aluminum.  The specimens had the following basic design
configurations:

1. BE-1: Unabated 0.5” fatigue crack at the edge of the aluminum plate; no engineered
flaws in composite doubler (Figure 7).

2. BE-2: Stop-drilled, 0.5” sawcut edge crack in the aluminum plate with collocated
0.75” dia. disbond between composite doubler and aluminum; 0.75” dia. disbonds
along doubler edge (Figure 8).

3. BE-3: Stop-drilled, 0.5” sawcut edge crack in the aluminum plate with collocated 1.0”
dia. disbond between composite doubler and aluminum; 1.0” dia. disbonds along
doubler edge  (Figure 9).

4. BE-4: Unabated 0.5” fatigue crack at the edge of the aluminum plate with collocated
0.75” dia. disbond between composite doubler and aluminum; 0.75” dia. disbonds
along doubler edge  (Figure 10).

5. BE-5: 1” dia. hole in aluminum plate; no engineered flaws in composite doubler
(Figure 11).

6. BE-6: Unabated 0.5” fatigue crack at the edge of the aluminum plate without a
composite doubler  (Figure 12).  The fatigue crack growth observed in these
“baseline” specimens serves as the basis of comparison for the composite reinforced
specimens.

7. BE-7: Composite doubler installed with no engineered flaws in the aluminum plate or
the composite doubler  (Figure 13).  This represents the Baseline Specimen with an
optimum installation.

8. BE-8: Stop-drilled, 0.5” sawcut edge crack in the aluminum plate with collocated 300
in-lb impact damage from a 1” diameter hemispherical tip; collocated 1” diameter
disbond; 160oF hot-wet conditioning  (Figure 14).

9. BE-9: Unabated 0.5” fatigue crack at the edge of the aluminum plate with collocated
300 in-lb impact damage from a 1” diameter hemispherical tip; similar impact
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damage along doubler edge; collocated 1” diameter disbonds at both impact locations;
160oF hot-wet conditioning  (Figure 15).

2.3  Specimen Description

1) Material - The parent aluminum plate was 2024-T3.  The Boron-Epoxy material was
type 5521/4.  The specifications for production of the Boron-Epoxy material was as
follows: 1) SAE Aerospace Material Specification (AMS) 3865C specification for the
fiber, and 2) AMS 3867B and AMS 3867/4A provided requirements for the Boron-
Epoxy pre-preg tape material.  The adhesive material was FM-73, or accepted
substitute AF-163, (0.06 PSF) and the primer was Cytec BR-127.

[Specimen configurations BE-1 through BE-5 were fabricated using 3M’s EC3960
primer (vs. BR-127) and 3M’s AF163 (0.06 PSF) adhesive (vs. FM-73).  The EC3960
and BR-127 primers are both listed in the Qualified Products List (QPL) for the BMS
5-89 specification; AF163 and FM-73 are both listed in the QPL for the BMS 5-101
specification.  Thus, according to the installation specifications cited here they are
allowable material substitutions.]

The Boron-Epoxy composite doubler was a multi-ply lay-up which conformed to the
basic design parameters - plies/stiffness ratio - specified in reference [1].  The
doublers were a multi-direction lay-up of 13 plies: [0, +45, -45, 90]3 with a 0o cover
ply on top.  The plies were cut to different lengths in both in-plane directions in order
to taper the thickness of the resulting doubler edges.  This produced a more gradual
load transfer between the aluminum and the doubler (i.e. reduces the stress
concentration in the bondline around the perimeter).  A ply taper ratio of
approximately 30:1 was utilized; this results in a reduction in length of 30 times the
ply thickness.  The number of plies and fiber orientations produced an extensional
stiffness ratio of Boron-Epoxy to aluminum of 1.2:1 {(Et)BE = 1.2 (Et)Al}.  See section
2.3.5 for details on how the laminate-to-aluminum extensional stiffness ratio is
calculated.

2) Material Thickness - The parent aluminum plate was 2024-T3, 0.071” thick.  Each
composite doubler had a nominal post-cure thickness of 0.080” (approximately
0.0057” per ply plus a nominal pre-cure adhesive layer of 0.010”; the post-cure
adhesive thickness is approximately 0.006”).

 
3) Tension Specimen Dimensions - The specimens were designed for a 4” W X 14” L

test area.  To accommodate two, 2” deep end grips, the final specimen lengths were
18”.
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Configuration
Number of

Specimens Tested
(Specimen Numbers)

Figure Description

BE-1 1
(Lock1)

7, 16 unabated 0.5′′ fatigue edge crack; no
engineered flaws in composite doubler
installation

BE-2 1
(Lock2)

8, 17 stop-drilled 0.5′′ sawcut edge crack with
collocated disbond; 0.75′′ dia. disbonds in
edge of doubler

BE-3 1
(Lock3)

9, 18 stop-drilled 0.5′′ sawcut edge crack with
collocated disbond; 1.0′′ dia. disbonds in
edge of doubler

BE-4 1
(Lock4)

10, 19 unabated 0.5′′ fatigue edge crack with
collocated disbond; 0.75′′ dia. disbonds in
edge of doubler

BE-5 1
(Lock5)

11, 20 1′′ dia. hole in parent aluminum plate; no
engineered flaws in composite doubler
installation

BE-6 2
(Lock6 - Lock7)

12, 21 unabated 0.5′′ fatigue edge crack;
aluminum plate with no doubler

BE-7 1
(Lock8 - Lock9)

13, 22 composite doubler installed without any
engineered flaws; no flaws in aluminum
plate

BE-8 6
(Lock10 - Lock15)

14, 23 stop-drilled 0.5′′ sawcut edge crack with
collocated impact/disbond damage on
doubler; 160°F hot, wet conditioned;
tested at room temperature

BE-9 6
(Lock16 - Lock21)

15, 24 unabated 0.5′′ fatigue edge crack with
collocated impact/disbond damage on
doubler; impact/disbond damage on edge
of doubler; 160°F hot, wet conditioned;
tested at room temperature

Table 2:  Composite Coupon Specimen Matrix
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1.  13 Ply Boron/Epoxy doubler 
2.  [0, +45, -45, 90]3 lay-up (fiber orientation to the load) plus a

                 0  o cover ply on top; longest ply on bottom
3.  30:1 taper ratio drop off
4.  Stiffness Ratio, (Et) BE = 1.2 (Et) Al 

5.  Fatigue crack  in skin but no engineered flaws in doubler

Figure 7:  Composite Tension Test Coupon - Configuration BE-1
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2.  [0, +45, -45, 90]3 lay-up (fiber orientation to the load) plus a

                 0  o cover ply on top; longest ply on bottom
3.  30:1 taper ratio drop off
4.  Stiffness Ratio, (Et) BE = 1.2 (Et) Al 

5.  Fatigue crack (stop-drilled) with 0.75" Dia co-located disbond 
                centered over stop-drill hole

6.  0.75" Dia disbonds in load transfer region of composite 
                doubler (edges of the bondline)

Front View

Figure 8:  Composite Tension Test Coupon - Configuration BE-2
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5.  Fatigue crack (stop-drilled) with 1.0" Dia co-located disbond 
                centered over stop-drill hole

6.  1.0" Dia disbonds in load transfer region of composite 
                doubler (edges of the bondline)

Front View

Figure 9:  Composite Tension Test Coupon - Configuration BE-3
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5.  Fatigue crack (stop-drilled) with 1.0" Dia co-located disbond 
                centered over stop-drill hole

6.  1.0" Dia disbonds in load transfer region of composite 
                doubler (edges of the bondline)

Front View

Figure 10:  Composite Tension Test Coupon - Configuration BE-4
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6.  No engineered flaws in composite doubler installation
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Figure 11:  Composite Tension Test Coupon - Configuration BE-5
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Figure 12:  Composite Tension Test Coupon - Configuration BE-6
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5.  No flaws in parent aluminum
6.  No engineered flaws in composite doubler installation
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Figure 13:  Composite Tension Test Coupon - Configuration BE-7
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5.  Crack (stop-drilled) with 1.0" Dia co-located impact damage 
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6.  1.0" Dia disbond co-located over fatigue crack and impact
                 damage 
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Figure 14:  Composite Tension Test Coupon - Configuration BE-8
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Figure 15:  Composite Tension Test Coupon - Configuration BE-9
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2.3.1  Generation of Cracks in Aluminum Substrate Material

Prior to installing the composite doublers, seven of the coupon configurations (BE-1, BE-
2, BE-3, BE-4, BE-6, BE-8, and BE-9) had cracks generated in the aluminum substrate
plate.  Specimen configurations BE-2, BE-3 and BE-8 (specimens Lock2, Lock3, and
Lock10-Lock15) had 0.5”  sawcut cracks which were stop-drilled using a 0.25”  diameter
drill bit.  Figures 8, 9, and 14 and drawing AANC-1 provide the design, fabrication and
inspection details for the abated (stop-drilled) cracks.  Specimen configurations BE-1,
BE-4, BE-6, and BE-9 (specimens Lock1, Lock4, Lock6, Lock7, and Lock16-21) had a
0.5”  fatigue crack which was unabated (i.e. no stop-drill).  The fatigue cracks were
generated by tension-tension fatigue loads in an MTS Inc. uniaxial, mechanical test
machine.  A 0.25”  length sawcut, imparted as per drawing AANC-1, provided the starter
notch for the fatigue crack.  The applied fatigue loads were 3.75 ksi to 20.75 ksi (1050 -
5810 lbs. load) to represent the 0 - 17 ksi hoop stress spectrum experienced by the L-1011
fuselage skin during cabin pressurization.  The loads applied by the tension test machine
were calibrated and traceable to the National Institute of Standards and Technology.
Crack lengths were determined using a Bausch and Lomb optical eyepiece measurement
device which was applied to the non-composite doubler side of the specimens.  The
eyepiece produced an image magnification of seven and had an embedded set of
crosshairs (tic marks) which provided a resolution of 0.005” .  The initial, pre-doubler,
crack lengths were recorded and used as the initial crack lengths in the subsequent
composite coupon fatigue tests.

2.3.2  Surface Preparation and Composite Doubler Installation

All test specimens were prepared using the Phosphoric Acid Non Tank Anodize
(PANTA) surface preparation procedure and the Phosphoric Acid Containment System
(PACS) equipment.  The complete installation procedure is provided in reference [42]
and is Textron Specification No. 200008-001 (may also be referenced as the Boeing
Specification D658-10183-1).  This installation specification was used for the installation
of over 150 Boron-Epoxy doublers on fatigue test specimens similar to the ones
described in here [41, 43] and for the installation of 25 Boron-Epoxy demonstration
doublers on two operational Federal Express 747 aircraft [13].  Specification 200008-001
references a series of FAA-approved Boeing Aircraft Corporation (BAC) processes and
Boeing Material Specifications (BMS) that are widely used by Boeing on commercial
aircraft.  The key installation steps are summarized below.

1. Aluminum Surface Preparation - Solvent clean per BAC 5750.  Remove the oxide on
the aluminum prior to Phosphoric Acid Anodize using Scotch Brite pads to achieve a
30 second water-break free condition per paragraph 6.6.9.2.2 of specification 200008-
001.  Phosphoric Acid Anodize (PAA) the aluminum surface using Phosphoric Acid
Containment System (PACS) equipment as described in U.S. Patent 4,085,012 and in
paragraph 6.6.9.2.2 of specification 200008-001.

2. Primer and Adhesive Process - Prime the PAA aluminum surface using Cytec BR-
127 primer (or equivalent: EC3960), type 1, grade A per BMS 5-89.  Co-cure the
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Cytec FM-73 (or equivalent: AF163) structural film adhesive per BMS 5-101
simultaneously with the Boron-Epoxy doubler.

3. Boron-Epoxy Doubler Installation and Cure - Lay up the 5521/4 Boron-Epoxy
doubler in accordance with the application design drawing (AANC-1).  Cure for 90 to
120 minutes at 225oF to 250oF at 0.54 ATM vacuum bag pressure (equivalent
atmospheric pressure is 7.35 psia) using standard “ hot bonder”  units as per
specification 200008-001, paragraph 7.6.4.  Use computer-controlled heater blankets
to provide the proper temperature cure profile in the field.  Use a series of
thermocouples in an active feedback loop to maintain the proper temperature profile.

The Air Force installation procedure [4] is very similar to the process described above
except that the Air Force surface preparation step uses a grit blast and silane chemical
application.

Following coupon fabrication, the specimens were visually inspected and ultrasonically
scanned to determine if there were any disbond or delamination flaws (see also section
2.4.4) other than the ones intentionally engineered into the specimens.  The resulting flaw
map (location, geometry, and depth) was recorded and the damage locations were marked
directly on the specimens for future reference.

2.3.3  Application of Impact Damage to Composite Coupons

Following the composite doubler installation and prior to environmental conditioning
(see section 2.3.4), impact damage was imparted to Specimen Configurations BE-8 and
BE-9 (specimens Lock10-Lock21).  The locations for impact damage were selected to
induce the most adverse effect on crack growth mitigation and/or the ability of the
doubler to transfer load.  Figures 14 and 15 and drawing AANC-1 (see Appendix A)
provide the design, fabrication and inspection details.  The impact was performed with a
1 inch diameter steel hemisphere tip.  A guide tube, lined with Teflon film or equivalent,
was used to direct the path of the impact mass.  The specimens were fully supported by
plates on the front and back side.  The plates had appropriate window cut-outs to apply
the impact damage.

The magnitude of the impact was 25 + 0.5 ft-lb (300 + 5 in-lb).  The impact damage was
applied as per paragraph B.11.3 of the reference [44] NASA specification.  Additional
guidance was provided by reference [45].  Following impact, the specimens were
ultrasonically scanned to determine the extent of the resulting damage (see also section
2.4.4).  The resulting flaw map (location, geometry, and depth) was recorded and the
damage locations were marked directly on the specimens.

2.3.4  Temperature and Humidity Conditioning

After applying the impact damage, Specimen Configurations BE-8 and BE-9 (specimens
Lock10-Lock21) were subjected to temperature and humidity conditioning.  The
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composite coupons were conditioned per Lockheed Specification 5PTPTT01-A (Section
3.2.4.1.8) in order to simulate end-of-service moisture content.  Conditioning of 160oF +
5oF, 85% + 5% relative humidity was applied to the test article for a period of time
sufficient to achieve saturation moisture content as determined by regular weighing of the
test coupons (or regular weighing of the traveler specimens).  Temperature and humidity
measurements were accurate to applicable ASTM specifications.

Traveler specimens are an experimental aid which are used to assess the condition of the
actual test specimens.  They are manufactured at the same time and in the same manner as
the test coupons.  They then remain with and are subjected to the same conditioning
environment as the test coupon doublers.  There were three (3) traveler specimens.  The
number of plies (13), the ply lay-up {[0, +45, -45, 90]3, 0}, and doubler materials were
the same as the coupon specimens.  The traveler specimens were not bonded to an
aluminum plate.  A 4” X 6” rectangular, untapered laminate was produced for the traveler
specimens.  This laminate was cut to produce three traveler specimens each having a
dimension of 2” X 2”.  Each traveler specimen was then cleaned and weighed to establish
an accurate pre-conditioning weight.  The scales used for all test specimen weighings
were accurate to applicable ASTM specifications.  After the coupon and traveler
specimens were conditioned and removed from the environmental chamber, they were
stored in sealed polyethylene bags at 75oF + 5oF and 75% + 5% relative humidity.

2.3.5  Calculation of Laminate-Aluminum Extensional Stiffness Ratio

The purpose of this section is to describe the method which was used to arrive at the
stiffness parameter, Ext, for composite doublers.  The calculations used classical
laminated plate theory, along with Boron-Epoxy lamina properties, to arrive at the
average cured laminate modulus Ex (where x is the direction of the fatigue load).

The Boron-Epoxy lamina properties at room temperature are:

E11= 28.0 X 106 psi

E22 = 2.7 X 106 psi

G12 = 0.8 X 106 psi

ν12 = 0.21

tply = 0.0057 in.

The average laminate properties are calculated using the individual lamina properties
listed above along with the following specific lay-up configuration: 1) 13 plies {[0, +45, -
45, 90]3, 0}, and 2) laminate thickness t = 0.0741” (13 plies X 0.0057”/ply).  The
resulting laminate properties were calculated:

Ex = 11.873 X 106 psi

Ey = 10.144 X 106 psi

Gxy = 3.77 X 106 psi
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νxy = 0.32

Compared to a 0.071” thick, 2024-T3 aluminum plate, the stiffness ratio is,

R =  (Extlaminate)BE / (Ext)Al (11)

=  (11.873 X 106 psi)(0.0741” )

       (10.5 X 106 psi)(0.071” )

R =  1.2

This method was used to arrive at the 1.2 extensional stiffness ratio listed in Section 2.3.

2.4  Test Loads and Procedures

Tension-tension fatigue tests on the coupon specimens used baseline stress levels of 3.75
KSI to 20.75 KSI (1050 - 5810 lbs. load) to represent the 0 - 17 KSI hoop stress spectrum
in the L-1011 fuselage skin during cabin pressurization.  The lower stress limit, or test
pre-load, was applied to eliminate the residual curvature in the test specimen.  The post-
installation residual curvature is caused by the different coefficients of thermal expansion
between the aluminum and Boron-Epoxy materials.  The upper stress limit was used to
approximate hoop stresses created in the L-1011 skin due to pressurization.  The tests
utilized a 220,000 lb uniaxial test machine built by Mechanical Test Systems (MTS).
Four inch wide friction grips were used to transmit the machine loads to the test coupons.
A Micro Measurements Co. System 4000 data acquisition system and the MTS
machine’s digital data logging console was used to monitor all loads and strains.  The
coupon specimens were tested at Room Temperature Ambient (RTA) conditions.

2.4.1  Instrumentation

Load transfer through the composite doubler and stress risers around the defects were
monitored using the strain gage layouts shown in Figures 16-24.  All strain gage locations
indicated in Figure 16-24 have a tolerance of 0.125′′.  Biaxial gages were used to measure
both the axial and transverse strains in the anisotropic composite material.  Strain
readings had an accuracy of + 5 microstrain.  The strain gages were installed using Micro
Measurements Inc. M-bond 200 adhesive which is tolerant to all specimen and
environmental test conditions.  Crack growth was monitored using optical measurement
devices (resolution 0.003”) that were applied to the non-composite doubler side of the
specimens.  Displacement measurements, made in the ultimate failure tests, utilized an
LVDT with a resolution of 0.001”.  Test loads were monitored with a full-bridge load cell
which had resolution of 0.1 lb.  All load, displacement, and data monitoring electronics
were calibrated and traceable to Primary Standards.  For Specimen Configurations BE-8
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and BE-9 (specimens Lock10-Lock21), test temperature and humidity were also
recorded.

2.4.2  Fatigue Tests with Static Strain Measurements

1. A 1050 lb pre-load was applied to eliminate the residual curvature in the test
specimens.

2. The 1050 - 5810 lb. cyclic fatigue loads (3.75 - 20.75 ksi stress) were applied at 4 Hz.

3. Each fatigue test was stopped and optical crack growth measurements were made at
36,000, 54,000, and 72,000 fatigue cycles.  72,000 cycles corresponds to two design
lifetimes for the L-1011 aircraft.  The fatigue tests continued until unstable flaw
growth occurred or until a maximum of 144,00 cycles (4X the design objective) were
reached.  Some of the specimens were fatigue cycled until failure occurred and the
crack propagated through the entire width of the specimen.

4. The specimens were inspected with ultrasonic and eddy current NDI techniques at
36,000, 72,000 and 144,000 cycles.  The NDI tests (see Section 2.4.4) were
performed in-situ to eliminate the removal of the specimens from the tension test
machine following each fatigue interval.

5. Static strain measurements were acquired at the following four fatigue test stopping
points: 1) Fatigue Cycles = 0, 2) Fatigue Cycles = 72,000, and 3) Fatigue Cycles =
144,000.  After pre-loading the specimen to the 1050 lb. pre-load, the strain gage
bridges were balanced to produce a zero strain output signal.  This data was used as
the static tension test starting point (Test Tension Load = 0 lbs.).  The tension load
was increased to at least the tabulated levels shown below.  A load of 4,760 lbs.
produced the 17 ksi stress level in the specimen which corresponds to maximum
fuselage pressurization.  Most specimens were loaded in excess of  4,760 lbs. but
below yield stress levels.  Strain values were acquired at each load level.



40

Tension Load Calculated Strains *

    0 lbs     0 µε
400 135

800 268

1200 402

1600 537

2000 671

2400 805

2800 839

3200  1073

3600  1207

4000  1341

4400  1476

4760  1596

* Calculated strain magnitude in the parent aluminum plate away from the

composite doubler effects.  Strains were tabulated to aid real-time test

monitoring.  Aluminum plate  E = 10.5 X 106 psi.
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Figure 16:  Strain Gage Locations for Composite Tension Test Coupon –
Configuration BE-1
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Figure 18:  Strain Gage Locations for Composite Tension Test Coupon -
Configuration BE-3
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Figure 19:  Strain Gage Locations for Composite Tension Test Coupon -
Configuration BE-4
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Configuration BE-5
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Configuration BE-6
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Figure 23:  Strain Gage Locations for Composite Tension Test Coupon -
Configuration BE-8
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2.4.3  Static Tension Ultimate Strength Tests

Several specimens that were fatigued and other specimens that had implanted flaws but
were not fatigued were subjected to static ultimate tension tests in order to determine their
ultimate strength and failure modes.  The test procedures and data acquisition process was
as follows.

1. A 1050 lb. pre-load was applied to eliminate the residual curvature in the test
specimens.  After pre-loading the specimen, the strain gage bridges were balanced to
produce a zero strain output signal.  This data was used as the tension ultimate test
starting point (Test Tension Load = 0 lbs.).

2. The load was increased, using displacement mode control, at a continuous rate of 0.05
inch/minute.  Failure was defined as the point where the specimen was unable to
sustain an increasing load.  The peak load recorded during each failure test was used
to calculate the maximum stresses sustained by the flawed specimens (ultimate
strength).

3. The machine’s crosshead displacement transducer was used to obtain load vs. total
displacement curves.  In some tests, the biaxial strain gages shown in Figs. 16-24
were continuously monitored to measure the strain fields during specimen failure.

2.4.4  Nondestructive Inspections

The specimens were inspected with visual (optical magnification) and ultrasonic NDI
techniques at 36,000, 54,000, 72,000 and 144,000 cycles.  The NDI tests were performed
in-situ to eliminate the removal of the specimens from the tension test machine following
each fatigue interval.  The NDI techniques being deployed in this effort were able to
detect disbonds, delaminations, and porosity in the composite doubler (ultrasonics), as
well as cracks in the parent aluminum material (optical measurements).

Ultrasonic (UT) inspection techniques using the Staveley Bondmaster equipment
(resonance mode) and through-transmission ultrasonics were used.  The Sandia Labs
AANC pulse-echo ultrasonics inspection procedure for bonded composite doublers,
AANC-PEUT-Comp-5521/4-004, was also used.  The documentation and validation of
inspection procedures, as well as the appropriate approvals by the FAA, were handled
through reference [18] and the reference [46] inspection procedure under the auspices of
this same ACO project number (SP1798AT-Q).  Section 3.1.6 contains the results from
the inspections conducted before and after the fatigue tests.
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3.0  Test Results

The test results supporting this damage tolerance assessment of composite doublers will
be presented in four distinct sections: 1) fatigue test results, 2) strain field measurements
(evaluation of load transfer), 3) residual strength tests, and 4) ultimate strength tests.
Nondestructive inspections, used to relate the above items to flaw initiation and growth,
will be discussed in the section on the fatigue test results.  The results presented in
Section 3.0 provide a comprehensive evaluation of the effectiveness of composite
doublers in reducing crack growth in aluminum substructure.  Fatigue and strength tests
were performed on specimens with various combinations of crack, disbonds, and impact
flaws.  The flaw sizes, locations, and combinations were engineered to produce extreme
worst case conditions.  Environmental conditions representing temperature and humidity
exposure are also included in the coupon specimens (ref. Section 2.0).  Table 2 describes
the composite coupon test specimen matrix.  Twenty-one specimens representing nine
different configurations were tested.

Inspection requirements for the actual on-aircraft installation were established using a
Damage Tolerance Analysis [1] and the results from this study.  Disbond, delamination and
crack sizes used in these damage tolerance tests were at least twice the size of those which will be
detected by the NDI requirements.  Thus, there is an inherent safety factor built into this damage
tolerance assessment and the doubler performance sited here should be conservative.

3.1  Fatigue Tests

The results from the fatigue tests on specimens Lock 1 - Lock 21 (configurations BE-1
through BE-9) are summarized in Table 3 and shown graphically in Figures 25 and 26.
The results have been broken down according to the specimen’s flaw scenario and are
provided in sections 3.1.1 to 3.1.6 below.

3.1.1  Stop-Drilled Cracks with Composite Doubler Reinforcement

Specimen configurations BE-2 (Lock2), BE-3 (Lock3), and BE-8 (Lock13, Lock14, &
Lock15) showed that crack growth could be substantially reduced or completely
eliminated for a number of fatigue lifetimes using composite doubler repairs.  This is true
in spite of the disbond and impact impediments - both at the critical load transfer region
along the doubler’s edge and directly over the crack - which were engineered into the
specimens.

a. Disbond and Crack Flaws - Note the delay in crack reinitiation until 72,000 and
126,000 cycles in the Figure 25 BE-2 and BE-3 curves.  Because of this initial crack
growth arrest, specimens Lock2 (BE-2) and Lock3 (BE-3) experienced total crack
growths of less than 1.75” up through 144 K fatigue cycles (four design lifetimes of
the L-1011 aircraft).
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Config. Description Fatigue Test Results
BE-1 unabated 0.5′′ fatigue edge crack; no

engineered flaws in composite doubler
installation

• crack propagated 1.78′′ in 144 K cycles
• no initiation of disbonds
• post-fatigue residual strength = 103 ksi

 BE-2  stop-drilled 0.5′′ sawcut edge crack
with collocated disbond; 0.75′′ dia.
disbonds in edge of doubler

• stop-drilled crack reinitiated after 126 K
cycles

• crack propagated 0.875′′ in 144 K cycles
• no growth in disbonds; fracture of adhesive

around crack
• post-fatigue residual strength = 88 ksi

 BE-3  stop-drilled 0.5′′ sawcut edge crack
with collocated disbond; 1.0′′ dia.
disbonds in edge of doubler

• stop-drilled crack reinitiated after 72 K
cycles (small burr in stop-drilled hole acted
as starter notch)

• crack propagated 1.71′′ in 144 K cycles
• no growth in disbonds; fracture of adhesive

around crack

 BE-4  unabated 0.5′′ fatigue edge crack with
collocated disbond; 0.75′′ dia. disbonds
in edge of doubler

• crack propagated 2.21′′ in 144 K cycles
• fatigue test was extended until specimen

failure occurred at 182 K cycles

 BE-5  1′′ dia. hole in parent aluminum plate;
no engineered flaws in composite
doubler installation

• 180 K fatigue cycles applied - no fatigue
cracks generated

• no growth in disbonds

*  Crack growth rates in all composite doubler specimens were 10 to 20 times slower than the
Control Specimens (BE-6) which had no reinforcing doublers.

Table 3:  Composite Doubler Damage Tolerance Fatigue &
Ultimate Strength Test Summary
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Config. Description Fatigue Test Results
 BE-6  unabated 0.5′′ fatigue edge crack;

aluminum plate with no doubler
• crack propagated until specimen failed at 9

K cycles
• duplicate specimen failed at 12 K cycles

 BE-7  composite doubler installed without
any engineered flaws; no flaws in
aluminum plate

• two specimens - no crack growth in 144 K
and 216 K cycles

• no initiation of disbonds
• ultimate strength following fatigue = 70 ksi

 BE-8  stop-drilled 0.5′′ sawcut edge crack
with collocated impact/disbond
damage on doubler; 160°F hot, wet
conditioned; tested at room
temperature

• three specimens - cracks reinitiated after 72
K, 90 K, & 90 K cycles

• cracks propagated 0.5′′ in 144 K cycles
• no growth in disbonds
• all three ultimate strength tests produced σu

values in excess of 75 ksi

 BE-9  unabated 0.5′′ fatigue edge crack with
collocated impact/disbond damage on
doubler; impact/disbond damage on
edge of doubler; 160°F hot, wet
conditioned; tested at room
temperature
 

• three specimens - cracks propagated 0.7′′ in
144 K cycles

• no growth in disbonds
• average of three ultimate strength tests

produced σu value of 72.4 ksi

*  Crack growth rates in all composite doubler specimens were 10 to 20 times slower than the
Control Specimens (BE-6) which had no reinforcing doublers.

Table 3:  Composite Doubler Damage Tolerance Fatigue &
Ultimate Strength Test Summary (continued)

b. Disbonds and Cracks with Impact Damage and Hot, Wet Conditioning - Figure 26
shows the fatigue crack growth for the abated crack specimens in the BE-8
configuration.  Note the delay in crack reinitiation until 72,000, 90,000, and 72,000
cycles, respectively in the Lock13, Lock14 and Lock15 specimens.  In the BE-8
configuration, the disbonds noted above were accompanied by collocated impact
damage directly over the crack (see Fig. 14).  Prior to testing, the specimens were also
subjected to hot, wet conditioning until a 10% (by weight) water absorption was
achieved.  Specimens Lock13, Lock14 and Lock15 experienced total crack growths of
less than 0.060” up through 144,000 fatigue cycles.  Note that specimens Lock14 and
Lock15 were fatigued beyond the four lifetime test goal to 180,000 cycles (five L-
1011 lifetimes).  Little or no additional crack growth was observed.

The drop in total crack growth in the impact damaged specimens (config. BE-8)
versus the BE-2 and BE-3 configurations can be attributed to the effects of the
deformations produced by the impact.  The coupon cracks propagated through the
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center impact region.  Figure 27 shows two views of the typical damage produced by
the 300 in.-lb. impact.  It can be seen that the aluminum parent material was
plastically deformed (cup shaped recess) by the 1” diameter hemisphere used for
impact.  It is likely that this deformation strain hardened the material and produced
beneficial compressive strains that impeded crack growth in the area of impact.  In
addition, the complex geometry created by the indentation (i.e. lack of flat surface
which is in plane with the tension loads) may have also slowed the crack growth in
this area.  Figure 26 shows that specimen Lock15 reached a plateau where the crack
length did not change from 106,000 to 180,000 cycles.

3.1.2  Fatigue Cracks With No Abatement

This includes specimens in the BE-1, BE-4, and BE-9 configurations (Lock1, Lock4,
Lock19 - Lock21).  The test results showed that large crack mitigation factors can be
obtained through the use of composite doublers.  Once again, these test results
incorporate damage tolerance for bonded Boron-Epoxy doublers since the specimens
were intentionally manufactured with worst-case disbond and impact flaws.

a. Disbond and Crack Flaws - Figure 25 shows that specimens Lock1 (BE-1) and Lock4
(BE-4) survived 144,000 fatigue cycles with crack growths of 2” or less. Without any
type of crack abatement (e.g. stop-drill at crack tip), crack propagation began shortly
after fatigue testing was initiated.  The first noticeable change in crack length
occurred after approximately 16,000 cycles or 1/2 of an L-1011 lifetime.

The Lock4 fatigue test was continued beyond the test goals in order to demonstrate
that the specimen could survive five L-1011 lifetimes (180,000 cycles) without
failure.  The cycles-to-failure for this configuration was 182,000 cycles.  Once the
crack propagated through the width of the aluminum, the adhesive was able to
transmit stresses into the doubler which exceeded the material’s ultimate strength.  At
this point, the composite laminate fractured.

Specimens BE-1 and BE-4 produced very similar crack growth curves.  The BE-1
configuration had a good doubler bond along the length of the fatigue crack while the
BE-4 configuration had the added impairment of a disbond collocated with the fatigue
crack (see Figures 7 and 10).  As a result, the initial rate of crack growth was higher in
specimen Lock4.  However, the two crack growth curves blended into a single
propagation rate at a crack length (a) equal to 1.75”.  In fact, Figure 25 shows that
regardless of the initial flaw scenario engineered into the test specimen, all of the flaw
growth curves tend to blend into the same outcome as the crack propagates beyond 2”
in length.  This is because all of the specimens degenerate into the same configuration
at this point.

b. Disbonds and Cracks with Impact Damage and Hot, Wet Conditioning - Figure 26
shows the fatigue crack growth for the unabated crack specimens in the BE-9
configuration.  In this configuration, the disbonds noted above were accompanied by
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collocated impact damage directly over the crack and along the edge of the doubler
(see Fig. 15).  Prior to testing, the specimens were also subjected to hot, wet
conditioning until a 10% (by weight) water absorption was achieved.  The impact
phenomenon discussed above was also present in configuration BE-9; crack growth
was arrested in the impact area.  Specimens Lock19 and Lock21 experienced total
crack growths of 0.70” or less after 144,000 fatigue cycles.  The plots of Lock19 and
Lock21 in Fig. 26 show that all of the crack growth occurred during the first 90,000
fatigue cycles after which time the crack growth was halted in the impact area.

After three fatigue lifetimes, the Lock20 specimen experienced crack growth of less
than 0.80”.  Thus, an allowable crack length of 1.0” would still not be present after
108,000, post-installation “flight” cycles.  Unfortunately, it appears that this specimen
had a small notch (manufacturing or handling defect) in the edge of the aluminum
skin.  The notch may have acted as an initiator for a crack which formed just outside
the upper boundary of the composite doubler footprint.  This crack, without the
benefit of the doubler reinforcement, grew across the aluminum plate and caused a
failure of the test specimen outside of the doubler.  As a result, no doubler
performance data could be obtained beyond 108,000 fatigue cycles.
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(a) Side View

(b) Back View

Figure 27:  Impact Damage on Composite Coupons
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3.1.3 Material Removed from Parent Plate and Composite Doubler
Reinforcement

Specimen Lock5 (configuration BE-5) had a 1” diameter hole simulating the removal of
damage (e.g. crack or corrosion) in the parent structure.  It could also be considered a
stop-drill hole with a very generous radius.  In this specimen, a fatigue crack did not
initiate during 144,000 fatigue cycles or four L-1011 lifetimes.  The bonded composite
doubler picked up load immediately adjacent to the cut-out so this type of material
removal enhanced the overall performance of the installation.  Although the large hole in
the parent aluminum created a stress riser, the doubler was able to withstand the high
local stresses and prevent any flaws (disbonds, cracks) from developing.  Figure 26
shows a data point of zero crack growth after 114,000 cycles for specimen Lock5.

3.1.4  Control Specimens and Comparison of Crack Growth Rates

Two tests were conducted on aluminum “control” specimens which were not reinforced
by composite doublers (BE-6 configuration in Table 2).  Unabated fatigue cracks were
propagated using the same fatigue spectrum applied to the composite reinforced
specimens.  Figure 25 shows the crack growth exhibited by the unreinforced plates.  In
these tests, the fatigue cracks propagated through the width of the BE-6 specimens after
9,000 and 12,000 cycles.  By comparison, configuration BE-4 (Lock4), which had a
composite doubler, failed after 182,000 cycles.  Thus, the fatigue lifetime as defined in
the test coupons, was extended by a factor of approximately 20 through the use of
composite doublers.  [Again, note that an optimum installation (see 3.1.5 below) or a
specimen without a fatigue crack as in BE-5 would be able to sustain much higher fatigue
cycles.  Therefore, the life extension factor of 20, calculated using flawed doubler
installations, is considered conservative.]

In Figures 25 and 26, the number of fatigue cycles are plotted using a log scale because it
clearly shows the crack arresting affect of the composite doublers.  The unreinforced
panels asymptotically approach 10,000 cycles-to-failure while the plates reinforced by
composite doublers asymptotically approach 100,000 to 200,000 fatigue cycles.  Figures
25 and 26 also show that the crack growth rates for all of the specimens can be
approximated by a bilinear fit to the data plotted on a semi-log scale.  This simply
demonstrates the well known power law relationship between fatigue cycles (N) and
crack length (a).  The first linear portion extends to (a) = 0.25′′ in length. The slopes, or
crack growth rates, vary depending on the localized configuration of the flaw (e.g. stop-
drilled, collocated disbond, presence of doubler).  The second linear portion extends to
the point of specimen failure.  A comparison of these linear approximations shows that
the crack growth rate is reduced 20 to 40 times through the addition of a composite
doubler.  Also, as noted above, all of the doubler specimen crack growth rates are the
same after the crack propagates past the initial flaw configuration at the specimen’s edge
(e.g. engineered disbonds).  This occurs at approximately (a) = 1.5′′ for the non-impact
damaged specimens.
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3.1.5  Baseline Specimens: Performance of an Optimum Installation

The primary purpose of the damage tolerance tests was to evaluate the performance of
Boron-Epoxy doublers in flawed installations.  Through experimental demonstrations of
acceptable doubler performance in the presence of worst case flaw scenarios, these tests
showed that conservatism and appropriate safety factors are inherently built into a Boron-
Epoxy doubler design.  However, to complete a comprehensive evaluation of Boron-
Epoxy doublers, it is necessary to establish a baseline performance from a normal,
unflawed installation.  Two specimens with the BE-7 “optimum installation”
configuration were subjected to fatigue tests.  Both specimens survived 144,000 cycles
without flaw initiation of any kind.  One of the specimens was subjected to six fatigue
lifetimes or 216,000 cycles.  Post-test inspections did not reveal any flaws in this
specimen (see 3.1.6 below).  Figure 26 plots the fatigue response indicating an absence of
cracks (i.e. zero crack growth) throughout the fatigue tests.

3.1.6  Nondestructive Inspection and Propagation of Adhesive Flaws

These damage tolerance tests assessed the potential for loss-of-adhesion flaws (disbonds
and delaminations) to initiate and grow in the composite doubler installation.  Disbonds
can occur between the composite doubler and the aluminum skin while delaminations can
develop between adjacent plies of Boron-Epoxy material.  It has been shown in related
studies that the primary load transfer region, which is critical to the doubler’s
performance, is around its perimeter [4-6, 21, 24, 32-35, 40].  The purpose of the
disbonds in configurations BE-2, BE-3, BE-4, BE-8, and BE-9 were to demonstrate the
capabilities of composite doublers when large disbonds exist in the critical load transfer
region as well as around the cracks which the doublers are intended to arrest.  In this
manner, severe worst case scenarios could be assessed and quantitative performance
numbers could be established.

a. Initial Assessment of Engineered Flaws in Test Specimens - Each of the fatigue and
ultimate strength test coupons was inspected using a C-scan ultrasonic technique [46].
C-scan technology uses information from single point A-scan waveforms to produce
an area mapping of the inspection surface.  The two-dimensional images are produced
by digitizing point-by-point signal variations of an interrogating sensor while it is
scanned over a surface [47].  Figures 28 and 29 show C-scan images generated by an
ultrasonic inspection of specimens Lock1 (Config. BE-1), Lock 2 (Config. BE-2),
Lock11, and Lock12 (both Config. BE-8).  Signal variations corresponding to
disbonds and delaminations are represented by dark black areas on the images [Note:
the NDI system produces color-coded maps, however, for the purposes of this
document grey scale plots clearly show the flaws in the test specimens].  The four C-
scan images in Figs. 28 and 29 show the specimen flaw profiles prior to fatigue or
ultimate strength testing.  To provide a point of reference, a shape outline of the
Boron-Epoxy doubler is superimposed on the C-scan image.  The following
observations can be made:
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1) The composite laminate in specimen Lock1 contains no flaws; there are no
indications of flaws in the C-scan.  Although this inspection technique was not
set up for crack detection, the small crack at the edge of the specimen (ref. Fig.
7) was imaged in the scan.

 
2) Specimen Lock2 contains three engineered disbond flaws as shown in Figure 8.

The C-scan in Figure 28 shows the three engineered disbonds and reveals that
there were no other flaws in the installation.

 
3) Specimens Lock11 and Lock12 have the same BE-8 configuration: a disbond,

centered over a stop-drilled crack, with collocated impact damage as shown in
Fig. 14.  Figure 29 shows the ability of C-scan ultrasonics to detect the presence
of these flaws.  The images also demonstrate the ability to consistently produce
engineered flaws in the coupons.

b. No Initiation of Disbond Flaws - Although the AANC NDI tests demonstrated the
detection of disbonds as small as 0.25”  in diameter [18, 47], disbonds of 0.75”  and
1.0”  diameter were engineered into the test specimens.  Inspections performed at 1, 2,
3, 4, 5 and 6 fatigue lifetime intervals revealed that there was no growth in any of the
disbonds.  Crack propagation in the specimens, and the accompanying displacements
as the crack opened each cycle, produced cohesive failure (cracking) in the adhesive.
However, this failure was localized about the length of the crack and did not result in
any disbonds (adhesive failure).  This result was ascertained by visually noting the
presence of adhesive on both the aluminum and composite laminate (i.e. adhesive
fractured at high strains but it did not disbond).  Thus, the full strength of the
adhesive was achieved.

Finally, comparisons between the BE-1 (no disbonds) and the BE-2, 3, 4, 8 and 9
(engineered disbonds) fatigue curves in Figures 25 and 26 show that the large
engineered disbonds did not decrease the composite doubler’s performance.  In fact,
many of the specimens with disbonds exhibited less crack growth than the BE-1
configuration which had no disbonds.

c. Nondestructive Inspections Show No Change in Engineered Disbonds -   Ultrasonic
scanning was used to create two-dimensional flaw maps of each test specimen [46].
Once again, signal variations corresponding to disbonds and delaminations are
represented by dark black areas on the images.  Figures 30-38 show a series of before
and after fatigue test images created by NDI.  Side-by-side comparisons of the
various flawed specimens show that the original engineered flaws, which were
detected prior to testing, remained unchanged even after multiple fatigue lifetimes.
The following observations can be made:

1) Specimen Lock3 (Config. BE-3; ref. flaw drawing Fig. 9) - All three implanted
flaws are visible and sized correctly in Figure 30.  The only discernible change in
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the flaw profile during fatigue occurred around the propagating crack.  As the
crack opened during fatigue loading it produced a fracture of the adhesive. This
demonstrates the proper failure mode for a doubler installation.  That is, the
adhesive should fracture instead of  disbonding.  This assures that the full strength
of the adhesive can be realized in the joint.  [Note: the installation process
specification [42] requires a wedge test on a composite witness specimen which is
installed adjacent to the actual doubler.  A successful wedge test result is where
adhesive material appears on both the aluminum substrate and the composite
doubler.  This signifies a good installation and assures that the adhesive layer will
fracture at high strains and will not disbond at relatively lower strains.]

 
2) Specimen Lock4 (Config. BE-4; ref. flaw drawing Fig. 10) - Figure 31 shows that

the disbond flaws - located in the critical load transfer region at the doubler’s edge
- did not grow or change shape during the fatigue tests.  This specimen was
fatigued beyond the limits of the test goals in order to determine a cycles-to-
failure number for this configuration.  The crack propagated through the specimen
after 182,000 cycles (in excess of five lifetimes).  Since the specimen was failed,
it was not possible to obtain NDI data in the area of failure as shown in Fig. 31.

 
3) Specimen Lock 5 (Config. BE-5; ref. flaw drawing Fig. 11) - The 1” diameter cut-

out in the aluminum plate is visible in Figure 32.  There are no other flaws in the
installation.  No disbonds initiated during 180,000 fatigue cycles.

 
4) Specimen Lock9 (Config. BE-7; ref. flaw drawing Fig. 13) - This configuration

represents the optimum installation and Figure 33 shows that the test specimens
did not have any flaws.  Further, post-test inspections revealed that no disbonds or
delaminations developed during 216,000 fatigue cycles (six L-1011 lifetimes).

 
5) Specimens Lock13 and Lock14 (Config. BE-8; ref. flaw drawing Fig. 14) -

Figures 34 and 35 contain the before-and-after fatigue test comparisons of NDI
results.  The ultrasonic scans show:  1) the engineered disbond and impact damage
in the original test specimens and, 2) no change in the specimens’ flaw profile
after 144,000 and 180,000 fatigue cycles.

 
6) Specimens Lock19, Lock20, and Lock21 (Config. BE-9; ref. flaw drawing Fig.

15) - Figures 36 - 38 contain the before-and-after fatigue test comparisons of NDI
results.  The ultrasonic scans show:  1) the three disbond and impact damage areas
in the original test specimens and, 2) no change in the specimens’ flaw profile
after 108,000 and 144,000 fatigue cycles.



63

Specimen Lock1 (Config. BE-1) With No Installation Flaws
(alum. crack only) Before Fatigue Testing

Black Areas Indicate 
Disbond or Delamination Flaws

Specimen Lock2 (Config. BE-2) Before Fatigue Testing

Detection of Crack
in Aluminum

Outline of 
Composite

Doubler ShapeEngineered Disbonds

Figure 28:  Fatigue Specimens Lock1 and Lock2 Flaw Profiles Before Fatigue
Testing; Specimens Were Loaded to Failure After Fatigue Testing
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Specimen Lock11 (Config. BE-8) Before Ultimate Strength Test;
Original Damage from Disbond and Collocated Impact

Black Areas Indicate 
Disbond or Delamination Flaws

Specimen Lock12 (Config. BE-8) Before Ultimate Strength Test;
Original Damage from Disbond and Collocated Impact

Engineered Disbond
and Collocated 
Impact Damage

Figure 29:  Fatigue Specimens Lock11 and Lock12 (Configuration BE-8)
Show Consistency of Engineered Flaw Profiles and
Ability to Detect Flaws Via Ultrasonic Inspections
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Specimen Before Fatigue Testing

Specimen After Fatigue Testing

Black Areas Indicate 
Disbond or Delamination Flaws

Disbond Flaws
Remain Unchanged

Figure 30:  Fatigue Specimen Lock3 (Configuration BE-3) Flaw Profile
Before and After 144,000 Fatigue Cycles
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Specimen Before Fatigue Testing

Specimen After Fatigue Testing

Black Areas Indicate 
Disbond or Delamination Flaws

In This Area 
no data for after
fatigue tests - 

specimen was fatigued
to 182,000 cycles;
crack propagated 
through width of
aluminum; then, 

composite doubler 
took full tension load until

it fractured at center

Figure 31:  Fatigue Specimen Lock4 (Configuration BE-4) Flaw Profile
Before and After 182,000 Fatigue Cycles
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Specimen Before Fatigue Testing

Specimen After Fatigue Testing

1” Diameter Cut-Out
in Aluminum Plate

Figure 32:  Fatigue Specimen Lock5 (Configuration BE-5) Flaw Profile
Before and After 180,000 Fatigue Cycles;

No Flaw Growth After Five L-1011 Fatigue Lifetimes
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Specimen Before Fatigue Testing

Specimen After Fatigue Testing

Black Areas Indicate 
Disbond or Delamination Flaws

Figure 33:  Fatigue Specimen Lock9 (Configuration BE-7) Flaw Profile
Before and After 216,000 Fatigue Cycles;

No Flaw Growth After Six L-1011 Fatigue Lifetimes
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Specimen Before Fatigue Testing

Specimen After Fatigue Testing

Black Areas Indicate 
Disbond or Delamination Flaws

Figure 34:  Fatigue Specimen Lock13 (Configuration BE-8) Flaw Profile
Before and After 144,000 Fatigue Cycles;

No Change in Flaw Profile After Four L-1011 Fatigue Lifetimes
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Specimen Before Fatigue Testing

Specimen After Fatigue Testing

Black Areas Indicate 
Disbond or Delamination Flaws

Figure 35:  Fatigue Specimen Lock14 (Configuration BE-8) Flaw Profile
Before and After 180,000 Fatigue Cycles;

No Change in Flaw Profile After Five L-1011 Fatigue Lifetimes
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Specimen Before Fatigue Testing

Specimen After Fatigue Testing

Black Areas Indicate 
Disbond or Delamination Flaws

Uniform 1” 
Diameter  Disbond

Impact Damage
Disbond with

Collocated Impact

Figure 36:  Fatigue Specimen Lock19 (Configuration BE-9) Flaw Profile
Before and After 144,000 Fatigue Cycles;

No Change in Flaw Profile After Four L-1011 Fatigue Lifetimes
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Specimen Before Fatigue Testing

Specimen After Fatigue Testing

Black Areas Indicate 
Disbond or Delamination Flaws

Figure 37:  Fatigue Specimen Lock20 (Configuration BE-9) Flaw Profile
Before and After 108,000 Fatigue Cycles;

No Change in Flaw Profile After Three L-1011 Fatigue Lifetimes
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Specimen Before Fatigue Testing

Specimen After Fatigue Testing

Black Areas Indicate 
Disbond or Delamination Flaws

Figure 38:  Fatigue Specimen Lock21 (Configuration BE-9) Flaw Profile
Before and After 144,000 Fatigue Cycles;

No Change in Flaw Profile After Four L-1011 Fatigue Lifetimes
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3.1.7  Comments on Fatigue Loading Spectrum and Conservatism of Results

The fatigue tests were conducted using a 3 ksi to 20 ksi sinusoidal load spectrum.  The 3
ksi pre-load was intended to eliminate the residual curvature in the test specimens caused
by the different coefficients of thermal expansion between the aluminum and boron-
epoxy material.  However, the pre-load was not able to completely eliminate all of the
specimen curvature.  As a result, there were bending loads introduced into the tension
fatigue tests.  The accompanying stress reversals produced a slight amount of
“oilcanning”  which is not commonly found in aircraft structures.  Thus, the fatigue load
spectrum exceeded the normal fuselage pressure stresses and the performance values
sited here should be conservative.  In addition, high strain rates and strain holds were
incorporated into the fatigue tests.  Since these load characteristics have been shown to be
detrimental to a bonded doubler’s performance [24], the damage tolerance test results
presented here are also conservative from a fatigue implementation standpoint.

3.2  Strain Field Measurements

Figures 16-24 show the strain gage layouts that were used to monitor: 1) the load transfer
into the composite doublers and, 2) the strain field throughout the composite laminate
and aluminum plate.  The stress, strain, and load transfer values presented in this section
quantify the doubler performance characteristics discussed above.  They provide
additional insights into the doubler’s ability to: 1) resist crack initiation or mitigate crack
growth, and 2) perform acceptably in spite of worst-case installations.

In general, it was observed that all strain responses from the simulated fuselage
pressurization loads were linear.  No residual strains were noted when the specimens
were unloaded.  Subsequent failure tests (see Section 3.3 and 3.4 below) showed that the
strains induced by the fatigue load spectrum were well inside the linear elastic regime for
the 2024-T3 aluminum and Boron-Epoxy composite materials.

The maximum doubler strains were found in the load transfer region around the perimeter
(taper region) of the doubler.  In all fatigue specimens, the strains monitored in this area
were approximately 50% of the total strain in the aluminum plate.  This value remained
constant over four fatigue lifetimes indicating that there was no deterioration in the bond
strength.  The strain in the aluminum plate beneath the doubler is reduced in accordance
with the strain picked up by the composite doubler.  Despite large disbonds which
affected approximately 1/3 of the critical load transfer region, the composite doublers
maintained acceptable strain fields in the doubler and aluminum material.  Furthermore,
the doublers were able to pick up the strains necessary to accomplishing their intended
purpose of strain reduction and crack mitigation in the parent structure.  This
performance was achieved in spite of collocated flaw scenarios such as impact and
disbond flaws which had been hot, wet conditioned (water absorption/ingress).  Note also
that these flaws were directly over the cracks which the doublers were intended to arrest.
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3.2.1  Strain Field Analysis

A summary of the strain fields in the fatigue test coupons can be seen in the series of
curves shown in Figures 39-54.  The complete set of strain gage readings for all
specimens is tabulated in Appendix B.  The maximum total axial strain in the aluminum
plate (away from the doubler) was always around 3000 µε (for test load P=7,300 lbs.).
Axial strains in the aluminum plate beneath the doubler were approximately 50% to 70%
of this maximum value while axial strains in the composite doubler ranged from 30% to
50% of the total strain in the specimen.  Recall that the axial strains represent the hoop
strains in an actual aircraft. The lateral strains in each of the specimens were produced by
the Poisson effect and agreed well with the theoretical relation:

εa = - (ν X εl) (12)

where ν is Poisson’s ratio, εa represents axial strain and εl represents lateral strain.
Following is a summary of observations regarding the coupon strain fields from the nine
configurations (BE-1 through BE-9) tested.

a. Configuration BE-1 (Specimen Lock1; ref. Fig. 16 for gage locations) - axial strains
are shown in Fig. 39; lateral strains are shown in Fig. 40.  Strain reduction in
aluminum plate (Channels 8 and 12) and the corresponding strain shedding into the
doubler (Channels 10 and 14) is evident.
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Figure 39:  Axial Strain Field in Aluminum and Composite for  Configuration
BE-1 Specimens (ref. strain gage  locations shown in Figure 16)
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Figure 40:  Lateral Strain Field in Aluminum and Composite for Configuration
BE-1 Specimens (ref. strain gage locations shown in Figure 16)

b. Configuration BE-2 (Specimen Lock 2; ref. Fig. 17 for gage locations) - axial strains
are shown in Fig. 41; lateral strains are shown in Fig. 42.  The load transfer is similar
at the upper and lower taper regions (compare Ch. 18 and Ch. 30).  The strain relief
created by disbonds is evidenced by the low strains in Ch. 20 and 32.  The large
strains in gages immediately adjacent to the disbond (Ch. 18 and Ch. 30) demonstrate
that the disbond effects are very localized.  The doubler does not create excessive
strain risers in the unreinforced aluminum immediately adjacent to the doubler (Ch.
92).
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Figure 41:  Axial Strain Field in Aluminum and Composite for  Configuration
BE-2 Specimens (ref. strain gage  locations shown in Figure 17)
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Figure 42:  Lateral Strain Field in Aluminum and Composite for  Configuration
BE-2 Specimens (ref. strain gage locations shown in Figure 17)

c. Configuration BE-3 (Specimen Lock3; ref. Fig. 18 for gage locations) - axial strains
are shown in Fig. 43; lateral strains are shown in Fig. 44.  The strain fields and
insights are similar to the BE-1 and BE-2 results.
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Figure 43:  Axial Strain Field in Aluminum and Composite for  Configuration
BE-3 Specimens (ref. strain gage  locations shown in Figure 18)
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Figure 44:  Lateral Strain Field in Aluminum and Composite for Configuration
BE-3 Specimens (ref. strain gage locations shown in Figure 18)

d. Configuration BE-4 (Specimen Lock4; ref. Fig. 19 for gage locations) - axial strains
are shown in Fig. 45; lateral strains are shown in Fig. 46.  The strain fields and
insights are similar to the BE-1 and BE-2 results.
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Figure 45:  Axial Strain Field in Aluminum and Composite for  Configuration
BE-4 Specimens (ref. strain gage  locations shown in Figure 19)
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Figure 46:  Lateral Strain Field in Aluminum and Composite for  Configuration
BE-4 Specimens (ref. strain gage  locations shown in Figure 19)

e. Configuration BE-5 (Specimen Lock5; ref. Fig. 20 for gage locations) - axial strains
are shown in Fig. 47; lateral strains are shown in Fig. 48.  The strain fields and
insights are similar to the BE-1 and BE-2 results.  Note that strain risers around
unreinforced holes are generally on the order of three times the uniform strain field
away from the hole.  Channel 78 shows that the strains at the aluminum cut-out are
reduced substantially by the doubler.  Rather than exhibiting the normal strain
intensification (i.e. 6,000 µε = 2 X 3,000 µε in uniform field), the strains are reduced
below those of the gage outside the doubler area (2,250 µε).
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Figure 47:  Axial Strain Field in Aluminum and Composite for  Configuration
BE-5 Specimens (ref. strain gage  locations shown in Figure 20)
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Figure 48:  Lateral Strain Field in Aluminum and Composite for  Configuration
BE-5 Specimens (ref. strain gage  locations shown in Figure 20)

f. Configuration BE-6 (Specimen Lock6; ref. Fig. 21 for gage locations) - axial strains
are shown in Fig. 49.  Strain fields in an aluminum plate without a doubler are in the
2,500 µε to 3,500 µε range (Ch. 94 and Ch. 96).
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Figure 49:  Axial Strain Field in Aluminum and Composite for  Configuration
BE-6 Specimens (ref. strain gage  locations shown in Figure 21)

g. Configuration BE-8 (Specimen Lock14; ref. Fig. 23 for gage locations) - axial strains
are shown in Fig. 50.  The strain fields and insights are similar to the BE-1 through
BE-5 results.  The addition of impact damage to the center disbond did not degrade
the doubler’s ability to absorb a significant portion of the total strain in this region.
Figures 29 and 30 show the typical flaw induced in configuration BE-8 specimens.
However, channel 124 in Fig. 50 still indicates a 50% load transfer in the flaw area.
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Figure 50:  Axial Strain Field in Aluminum and Composite for  Configuration
BE-8 Specimens (ref. strain gage  locations shown in Figure 23)

h. Configuration BE-9 (Specimen Lock20; ref. Fig. 24 for gage locations) - axial strains
are shown in Fig. 51; lateral strains are shown in Fig. 52.  The strain fields and
insights are similar to the BE-1 through BE-5 results.  Configuration BE-9 contains
three separate disbond and/or impact areas as shown in Figures 36-38.  The central
impact/disbond area, as in configuration BE-8, achieved a load transfer of almost
50%.  The impact damage at the tapered load transfer area (ref. Fig. 27) produced a
local strain riser shown by channel 144.  Thus, in spite of large plastic deformations in
the parent skin and associated disbonds, the doubler is still able to carry significant
strains.  Large strains immediately adjacent to the lower disbond (Ch. 136) reiterate
the fact that relatively large disbond or delamination flaws (up to 1” diameter) in the
composite doubler have only localized effects on strain.  Overall, the three disbonds
in configuration BE-9 appear to have minimal effect on the doubler’s ability to
transfer load and relieve the parent aluminum plate.
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Figure 51:  Axial Strain Field in Aluminum and Composite for  Configuration
BE-9 Specimens (ref. strain gage  locations shown in Figure 24)
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Figure 52:  Lateral Strain Field in Aluminum and Composite for  Configuration
BE-9 Specimens (ref. strain gage  locations shown in Figure 24)

i. Configuration BE-7 (Specimen Lock9; ref. Fig. 22 for gage locations) - axial strains
are shown in Fig. 53; lateral strains are shown in Fig. 54.  The strain fields and
insights are similar to the BE-1 through BE-9 results.
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Figure 54:  Lateral Strain Field in Aluminum and Composite for  Configuration
BE-7 Specimens (ref. strain gage  locations shown in Figure 22)

The similarity in strain fields between BE-7, which is unflawed, and BE-1 through BE-9,
which have crack, disbond and impact flaws along with any detriment brought on by
water absorption, indicates that the relatively large flaws produce only a localized effects
on the doubler strains and little effect on the overall performance of the doubler.  Section
3.1 described how the flawed specimens (BE-1, BE-2, BE-3, BE-4, BE-5, BE-8, and BE-
9 configurations) were able to mitigate crack growth in aluminum for up to five L-1011
lifetimes (180,000 cycles).

3.2.2  Stresses in Aluminum Plate and Composite Doubler

To provide a point of reference for any Boron-Epoxy doubler installation, various stresses
sustained by the fatigue test specimens are listed in Table 4.  Strain data collected from
the biaxial (axial and lateral) gages were used to calculate stresses in the composite
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doubler and parent aluminum skin.  Strains measured from these gages were used to
calculate the corresponding membrane stresses through the following equations:

)(
1 2 laa

E νεε
ν

σ +
−

=
(13)
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1 2 all

E νεε
ν

σ +
−

=
(14)

where E is the modulus of elasticity, ν is Poisson’s ratio, σa is the axial stress in the skin,

σl is the longitudinal stress in the skin, εa is the hoop strain, and εl is the longitudinal
strain.  From Mil-Handbook 5, the modulus of elasticity and Poisson’s ratio for 2024-T3
aluminum are:  E =10.5 X 106 psi and ν =0.33, respectively.  As stated in Section 2.3.5,
the properties of the Boron-Epoxy laminate are Ex = 11.87 X 106 psi and ν = 0.32.

Table 4 shows that uniform stresses of 17 ksi, representing maximum hoop stresses
during flight pressurization, or higher were achieved in the parent skin for each specimen
configuration.  Away from the fatigue crack, the maximum stresses in the aluminum
beneath the doubler were roughly one-third the yield stress for 2024-T3.  The maximum
stresses in the composite doublers occurred at the edge of the doubler (load transfer
region) and never exceeded 10 ksi.  Stress risers near fatigue cracks, which normally
amount to two or three times the uniform strain field away from the flaw, were essentially
eliminated by the composite doubler.  The maximum aluminum stresses immediately
adjacent to the fatigue cracks were less than, or in two cases approximately equal to, the
uniform stress field outside the doubler.  A comparison of the stresses at zero and after
100,000 to 180,000 fatigue cycles shows that the doublers picked up additional stresses
when the fatigue crack growth reduced the load carrying capacity of the parent aluminum
(i.e. stress relief occurred in aluminum).

3.2.3  Load Transfer

Plots of percent load transfer were obtained by calculating the ratio between doubler
strains and strains in corresponding portions of the aluminum parent skin.  Figures 55 -
62 show the resulting load transfer plots for various doubler and aluminum reference

channels {εdoubler / εalum(ref)}.  The curves indicate that the load transfer into the doubler
- and away from the aluminum - was similar in all fatigue specimens regardless of the
type and degree of damage in the specimen.  In the tapered portion of the doubler, the
load transfer was consistently in the 50 - 60 % range.  In the center, where the doubler
reaches its maximum thickness of 13 plies, the load transfer was in the 30 - 50% range.
Table 5 summarizes the load transfer results at maximum load (max fuselage
pressurization).  The spectrum of fatigue specimens ranged from unflawed (optimum
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installation) to large, collocated flaws (worst-case scenarios).  Table 5 shows the
consistency of load transfer values across the full spectrum of specimens despite the large
variations in flaw scenarios.  Furthermore, these load transfer values remained constant
over four fatigue lifetimes.  This indicates that there was no deterioration in the bond
strength.

Spec. No.
(Config.)

Biaxial
Channels

Peak Load
 (lbs) *

Stress at
Zero Cycles

(psi)

Stress After
Fatigue (psi) No. of

Cycles
Location on

Test Specimen
Lock1
(BE-1)

1, 2 5,000 23,010 22,450 144,000 Aluminum Away
from Doubler

5, 6 5,000 3,520 14,350 144,000 Doubler Near Flaw
7, 8 5,000 18,410 No Data 144,000 Aluminum Near Flaw
9, 10 5,000 4,700 9,510 144,000 Doubler Center (full

thickness)
11, 12 5,000 15,359 1,100 144,000 Aluminum Center

Beneath Doubler
13,14 5,000 13,340 10,420 144,000 Doubler Edge (upper

taper region)
Lock2
(BE-2)

15, 16 6,000 26,200 26,562 144,000 Aluminum Away
from Doubler

17, 18 6,000 14,530 10,900 144,000 Doubler Edge (lower
taper region)

21, 22 6,000 2,270 5,180 144,000 Doubler Near Flaw
23, 24 6,000 25,070 2,510 144,000 Aluminum Near Flaw
25, 26 6,000 6,660 4,180 144,000 Doubler Center (full

thickness)
27, 28 6,000 18,840 19,000 144,000 Aluminum Center

Beneath Doubler
Lock3
(BE-3)

33, 34 4,800 20,780 20,150 144,000 Aluminum Away
from Doubler

35, 36 4,800 10,859 10,875 144,000 Doubler Edge (lower
taper region)

39, 40 4,800 -47 6,030 144,000 Doubler Near Flaw
41, 42 4,800 23,280 22 144,000 Aluminum Near Flaw
43, 44 4,800 3,186 5,310 144,000 Doubler Center (full

thickness)
45, 46 4,800 16,760 1,930 144,000 Aluminum Center

Beneath Doubler
* Load of 4,800 lbs produces skin stress of 17 ksi  - this corresponds to hoop stress at

maximum L-1011 fuselage pressure levels.

Table 4:  Stresses in Aluminum and Composite Doubler at
Maximum Fuselage Pressure Loads
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Spec. No.
(Config.)

Biaxial
Channels

Peak Load
 (lbs) *

Stress at
Zero Cycles

(psi)

Stress After
Fatigue

(psi)
No. of
Cycles

Location on
Test Specimen

Lock4
(BE-4)

51, 52 5,000 22,048 21,490 144,000 Aluminum Away from
Doubler

53, 54 5,000 11,850 11,380 144,000 Doubler Edge (lower
taper region)

59, 60 5,000 20,670 260 144,000 Aluminum Near Flaw
61, 62 5,000 3,470 8,450 144,000 Doubler Center (full

thickness)
63, 64 5,000 16,200 700 144,000 Aluminum Center

Beneath Doubler
Lock5
(BE-5)

69, 70 5,000 22,930 22,820 144,000 Aluminum Away from
Doubler

73, 74 5,000 10,110 10,010 144,000 Doubler Edge (lower
taper region)

75, 76 5,000 5,450 5,440 144,000 Doubler Near Flaw
77, 78 5,000 17,580 17,670 144,000 Aluminum Near Flaw
79, 80 5,000 3,250 3,430 144,000 Doubler Center (full

thickness)
81, 82 5,000 10,300 9,970 144,000 Aluminum Center

Beneath Doubler
Lock9
(BE-7)

101,102 4,800 20,940 21,150 144,000 Aluminum Away from
Doubler

103, 104 4,800 10,540 10,730 144,000 Doubler Edge (lower
taper region)

105, 106 4,800 5,790 5,930 144,000 Doubler Center (full
thickness)

113, 114 4,800 13,770 13,880 144,000 Aluminum Center
Beneath Doubler

* Load of 4,800 lbs. produces skin stress of 17 ksi  - this corresponds to hoop stress at
maximum L-1011 fuselage pressure levels

Table 4:  Stresses in Aluminum and Composite Doubler at
Maximum Fuselage Pressure Loads (continued)
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Spec. No.
(Config.)

Biaxial
Channels

Peak Load
 (lbs) *

Stress at
Zero Cycles

(psi)

Stress After
Fatigue

(psi)
No. of
Cycles

Location on
Test Specimen

Lock14
(BE-8)

117, 118 4,800 19,810 20,800 180,000 Aluminum Away from
Doubler

119, 120 4,800 9,380 9,520 180,000 Doubler Edge (lower
taper region)

123, 124 4,800 9,840 11,010 180,000 Doubler Near Flaw
131, 132 4,800 3,180 5,630 180,000 Aluminum Near Flaw
125, 126 4,800 12,640 14,380 180,000 Doubler Center (full

thickness)
129, 130 4,800 14,270 13,560 180,000 Aluminum Center

Beneath Doubler
Lock20
(BE-9)

133, 134 4,800 18,390 18,460 99,000 Aluminum Away from
Doubler

135, 136 4,800 7,240 6,770 99,000 Doubler Edge (lower
taper region)

139, 140 4,800 7,600 8,010 99,000 Doubler Near Flaw
147, 148 4,800 3,980 7,080 99,000 Aluminum Near Flaw
141, 142 4,800 8,070 8,850 99,000 Doubler Center (full

thickness)
145, 146 4,800 14,370 14,210 99,000 Aluminum Center

Beneath Doubler
* Load of 4,800 lbs. produces skin stress of 17 ksi  - this corresponds to hoop stress at

maximum L-1011 fuselage pressure levels

Table 4:  Stresses in Aluminum and Composite Doubler at
Maximum Fuselage Pressure Loads (continued)
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Figure 55:  Load Transfer into Doubler for Configuration BE-1
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Figure 56:  Load Transfer into Doubler for Configuration BE-2
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Figure 57:  Load Transfer into Doubler for Configuration BE-3

-0.4

-0.3

-0.2

-0.1

0

0.1

0.2

0.3

0.4

0.5

0.6

0 2000 4000 6000 8000

Load Transfer into Doubler at Edge (Ch 54/Ch 52)

Load Transfer into Doubler at Edge (Ch 66/Ch 52)

Load Transfer into Center of Doubler (Ch 62/Ch 64)

P
er

ce
n

t 
o

f 
A

lu
m

in
u

m
 S

tr
ai

n
 in

to
 D

o
u

b
le

r
(L

o
ad

 T
ra

n
sf

er
)

Load (lbs)

Figure 58:  Load Transfer into Doubler for Configuration BE-4
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Figure 59:  Load Transfer into Doubler for Configuration BE-5
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Figure 60:  Load Transfer into Doubler for Configuration BE-7
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Figure 61:  Load Transfer into Doubler for Configuration BE-8
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Figure 62:  Load Transfer into Doubler for Configuration BE-9
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Specimen
Config.

Doubler
Channel

Alum. Ref.
Channel

Peak
Load (lbs)

Load/Strain
Transfer Ratio

Location on
Composite Doubler

BE-1 14 2 13,600 62.3 % Edge (upper taper region)
BE-1 10 2 13,600 45.7 Center (full thickness)
BE-2 30 16 7,300 53.4 Edge (upper taper region)
BE-2 18 16 7,300 52.3 Edge (lower taper region)
BE-2 26 28 7,300 40.7 Center (full thickness)
BE-3 48 34 8,400 54.5 Edge (upper taper region)
BE-3 36 34 8,400 54.2 Edge (lower taper region)
BE-3 44 46 8,400 35.5 Center (full thickness)
BE-4 66 52 7,500 57.5 Edge (upper taper region)
BE-4 54 52 7,500 55.0 Edge (lower taper region)
BE-4 62 64 7,500 33.7 Center (full thickness)
BE-5 86 70 7,500 47.5 Edge (upper taper region)
BE-5 74 70 7,500 44.2 Edge (lower taper region)
BE-5 76 78 7,500 47.0 Center (full thickness)
BE-7 110 102 4,800 47.4 Edge (upper taper region)
BE-7 104 102 4,800 49.1 Edge (lower taper region)
BE-7 106 114 4,800 46.0 Center (full thickness)
BE-8 128 118 4,800 49.4 Edge (upper taper region)
BE-8 120 118 4,800 49.4 Edge (lower taper region)
BE-8 122 130 4,800 49.7 Center (full thickness)
BE-9 136 134 4,800 42.6 Edge (lower taper region)
BE-9 142 146 4,800 51.3 Center (full thickness)

Table 5:  Load/Strain Transfer Ratio - Percent of Aluminum Strain into Adjacent
Composite Doubler at Maximum Load

3.2.4  Effects of Multiple Fatigue Lifetimes on Strain Fields

In each of the fatigue specimens, the vast majority of the strain field remained unchanged
over the course of the fatigue tests.  Several of the specimen configurations showed no
change in strain levels from 0 fatigue cycles to 216,000 fatigue cycles.  The only strain
changes noted in any of the specimens were caused by crack propagation.

a. No Change in Strain Field -  Configurations BE-5 (aluminum cut-out damage), BE-7
(unflawed specimen), BE-8 (impact and disbond over fatigue crack), and BE-9
(multiple impacts and disbond over fatigue crack) exhibited little or no change in
strain field during the course of their fatigue tests.  The NDI before-and-after results
in Figures 32-38 show that the initial “programmed” flaws did not change shape nor
did any new flaws develop as a result of the fatigue loads.  Quantitatively, the strain
gage values acquired before and after fatigue testing substantiate the NDI results.
Figure 63 plots the strain field for configuration BE-5 (specimen Lock5) before and
after 144,000 fatigue cycles.  The before-and-after plots lie on top of each other
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demonstrating an unchanged strain field.  Similarly, Figure 64 shows that the strains
in the BE-7 configuration (specimen Lock9) were undisturbed by 144,000 fatigue
cycles.  Figures 65 and 66 show that, for the most part, configurations BE-8 (Lock14)
and BE-9 (Lock20) were unaffected by the fatigue cycles.  However, both
configurations showed slight changes around the center crack growth area.  In
configuration BE-8, the strains increased in doubler channel 124 and aluminum
channel 132 (ref. Fig. 65).  Both of these channels are adjacent to the implanted
fatigue crack which grew 0.56” in 180,000 cycles.  Configuration BE-9 displayed the
same phenomena where doubler channel 144 and aluminum channel 148 increased
slightly as the fatigue crack grew 0.77” in 99,000 cycles (ref. Fig. 66).
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Figure 63:  Strain Field in Configuration BE-5 (Lock5) Remains  Unchanged Over
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b. Strain Changes Caused by Fatigue Cracks -  In the specimens where crack growth
grew beyond the perimeters of the implanted disbond flaw, significant strain changes
were observed in the immediate area of the propagating crack.  The results, however,
highlight the ability of the composite doubler to pick up additional load in response to
a loss of strength in the parent structure.

The NDI results in Figure 30 show how the propagating crack produced a fracture in
the adhesive layer in configuration BE-3.  Similar changes were observed in the BE-
1, BE-2, and BE-4 configuration specimens which all experienced a crack growth of
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1” or more.  Once again, the strain gage results quantify and verify the NDI
assessments.  Although the strains remained constant in the critical load transfer
region, Figures 67 and 68 show that there were several localized changes in the strain
fields due to the propagation of the crack through the aluminum plate.

Figure 67 points out the increasing load picked up by the composite doubler as the
aluminum crack propagates in the BE-1 configuration.  At N= 0 cycles, the strains at
the center of the doublers amounted to 30% of the total strain in the aluminum plates.
At N = 144,000 cycles, however, the same strain gages registered 60% to 70% of the
total strain in the plate.  The N = 0 and N = 144,000 cycles curves in Figure 67 show
how the doubler picks up more load as the crack propagates and the plate relieves its
load (ref. channel 10).  The related reduction in plate strains can be seen by looking at
the channel 12 strains before and after the fatigue tests (drop from 67% of total strain
to less than 3% of total strain in plate).  Figure 68 shows the similar results obtained
in configuration BE-4.
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It is important to note three items regarding this change in strain field: 1) the
composite doubler was able to meet its design objectives and absorb additional load
as required, 2) the effects were localized about the crack (i.e. the strains around the
perimeter - especially in the critical load transfer region - remained unchanged), and
3) the change in flaw shape (ref. Fig. 30) was caused by a cohesive failure of the
adhesive, not a growth in the implanted disbond.  This latter point is key because the
cohesive failure indicates that the installation was good and that the full strength of
the adhesive was achieved.  Disbonds, indicated by a lack of adhesive on either the
laminate or aluminum mating surface, are undesirable since they can occur at lower
loads.
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3.3  Static Tension Residual Strength Tests

Two of the specimens, Lock 1 (configuration BE-1) and Lock 2 (configuration BE-2),
which were subjected to 144,000 fatigue cycles (four L-1011 lifetimes) were
subsequently tested to determine their static residual tensile strength.  These were not
ultimate strength tests since the specimens were tested after flaws were engineered into
the specimens and the implanted cracks were subsequently grown.   By using the
maximum load at failure and the original crossection area at the start of the static residual
strength test, the resulting “residual tensile strength” numbers are conservative.

Both specimens, BE-1 and BE-2, had plate crack reinitiation during the course of their
fatigue tests (ref. Fig. 25).  Their failure modes were identical: crack propagation and
associated cohesive bond failure through the aluminum plate.  The doubler separated
from the aluminum plate through a cohesive fracture of the adhesive.  Thus, there was no
disbond growth and adhesive was found on both the aluminum and composite laminate.
The crack and adhesive fracture propagated up to the point where the composite laminate
tapered to only a 3 ply thickness.  At this point, the composite laminate fractured
vertically producing enough deformation in the specimen to release the load.

Figure 69 shows the strain field in specimen BE-2 up through failure.  The aluminum
plate away from the doubler (channel 16) began to yield at approximately 12,000 lbs.
while the doubler continued to increase its load in a linear fashion.  This load/response
process continued until failure occurred at 103 ksi and the specimen could no longer
sustain an increasing load.  Figure 69 illustrates that the composite doubler was able to
transmit stresses in the plastic regime and that extensive yielding/loading beyond the
initial yield level was required to fail the installation.

In calculating the ultimate tensile stress, the cross-sectional dimensions of the aluminum
and the bonded doubler were used.

1. Specimen BE-1: fatigue testing propagated the unabated crack to 2.25” in length;
measured static ultimate tensile strength was 103 ksi.

2. Specimen BE-2: fatigue testing propagated the stop-drilled crack (crack reinitiation at
126,000 cycles) to 1.625” in length; measured static ultimate tensile strength was 88
ksi.

Even in the presence of severe worst case installations (disbonds) and extensive damage
growth (fatigue cracks extending through 50% of the specimen width), it was seen that
the doubler-reinforced-plates were able to achieve residual tensile strengths (i.e. post-
damage tensile strength) which exceeded the 70 ksi Mil handbook listing for the ultimate
tensile strength of 2024-T3 material.  Thus, the Boron-Epoxy doubler was able to return
the parent structure to its original strength (i.e. load carrying capability).
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3.4  Static Tension Ultimate Strength Tests

Six specimens, Lock 13-15 (configuration BE-8) and Lock 19-21 (configuration BE-9),
were subjected to the ultimate tensile strength tests without prior fatigue loading.
Although these specimens were not fatigued they did contain engineered flaws as per the
BE-8 and BE-9 configurations (ref. Figs. 14 and 15).  Ultimate strength values are
normally associated with test-to-failure on optimum, unflawed materials.  Thus, these
tests results are conservative.  To provide a basis of comparison, ultimate strength tests
were also conducted on control specimens (unreinforced aluminum coupons) and
baseline specimens (unflawed doubler installations).

3.4.1  Ultimate Tensile Strength Values

The ultimate strength values for each of the specimens tested was essentially the same
regardless of the flaw scenario.  Table 6 lists the ultimate tensile strength values obtained
in this test series; the average values are summarized below.  Duplicate tests on similar
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specimens showed that the results were repeatable.  The maximum scatter within a single
specimen configuration was 1.9%. The maximum scatter across all of the ultimate
strength results was 7.0%.

Test Specimen Avg. Ult. Strength
1. Plain 2024-T3 (unreinforced) 72.3 ksi
2. Unflawed composite doubler installation 70.5 ksi
3. Impact/disbond doublers over a stop-drilled crack 75.4 ksi
4. Multiple impact/disbond flaws over an unabated crack‘ 72.4 ksi

[Mil handbook ultimate strength value for 2024-T3 material = 70 ksi]

These ultimate strength tests further demonstrated the ability of a Boron-Epoxy
composite doubler to return a damaged aluminum structure to its original load carrying
capacity.  Ultimate strengths in excess of Mil handbook values were produced by the
doubler-reinforced plates.  Again, these desirable strength values were determined despite
the large installation flaws which were engineered into the specimens (worst-case
conditions).

Specimen
Configuration

Specimen
Number Flaw Summary

Ultimate Tensile
Strength (psi) ⊕

BE-6 6A * No flaws 72,570
BE-6 7A * No flaws 72,060
BE-7 9 ∆ Unflawed doubler installation 70,530
BE-8 10 Impact/disbond doubler

over a stop-drilled crack
75,490

BE-8 11 Impact/disbond doubler
over a stop-drilled crack

75,480

BE-8 12 Impact/disbond doubler
over a stop-drilled crack

75,310

BE-9 16 Multiple impact/disbond flaws
over an unabated crack

72,450

BE-9 17 Multiple impact/disbond flaws
over an unabated crack

73,010

BE-9 18 Multiple impact/disbond flaws
over an unabated crack

71,680

⊕  Mil-Hndbk-5 Value for 2024-T3 Aluminum = 70,000 psi
*  Non-fatigued aluminum coupons without composite doubler

     ∆  Post-fatigue test but specimen was still unflawed

Table 6:  Results from Ultimate Tensile Strength Failure Tests
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3.4.2  Ultimate Failure Mode

Figure 70 shows a front and back view of a failed specimen from the BE-8 configuration
(Lock 12).  The implanted, 1” diameter disbond is clearly visible as is the stop drilled
crack.  Each of the ultimate tensile strength tests produced the same failure mode which
can be described as follows.  Upon reaching the yield stress, the aluminum parent skin
began to yield (ref. Fig. 69).  Initially, the yielding was primarily in the exposed,
unreinforced area of the coupon.  As the load was increased further, the aluminum
beneath the doubler also began to yield and elongate.  The yield zone traveled from the
tapered edge of the doubler toward the center of the specimen.  This caused the aluminum
to sequentially pull away from the doubler which was not yielding or stretching at the
same rate as the parent aluminum.

The result was a rolling wave of cohesive failure in the adhesive layer.  There was no
disbond growth in the specimen as evidenced by the presence of adhesive on both the
aluminum and mating composite doubler in Fig. 70.  Again, this indicates that the
installation was successful and the full strength of the adhesive was achieved.  During the
course of the test it was possible to hear popping sounds corresponding to the fracture of
the adhesive.  When this cohesive failure (as opposed to adhesive, or disbond, failure) in
the adhesive reached the center crack of the coupon, half of the aluminum plate was left
without doubler reinforcement.  At that point, the crack in the aluminum propagated
rapidly across the entire width of the test specimen.  Thus, the aluminum was severed in
half, as shown in Fig. 70, but the doubler remained in one piece.  The contrast between
the 1” diameter disbonded area, which has no adhesive, and the adjacent adhesive fracture
area, which contains a layer of the adhesive material, is also evident on the aluminum
skin in Fig. 70.

Figure 71 shows the common failure mode experienced across the set of BE-9
configuration specimens.  The engineered disbonds at the center and lower edge of the
doubler are visible.  The cohesive failure of the adhesive, indicating that the full strength
of the adhesive material was realized, is also apparent due the presence of adhesive on
both the aluminum and composite skins.  One case where the impact damage included
fracture of the composite laminate is shown.  The damage tolerance tests demonstrated
that the loss of doubler integrity at the critical load transfer region produced only
localized effects and did not reduce the overall performance of the doubler.
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(a) Front View Showing Doubler Intact

(b) Back View of Doubler/Plate Shows Adhesive on Both Mating Skins

Figure 70:  Ultimate Failure of BE-8 Configuration (Lock12) Showing: 1)  failure
mode of the specimen, 2) fracture of the adhesive and 3) implanted disbond
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(a) Common Failure in Doubler Specimens

(b) Close-Up View of Doubler Fracture Caused by Impact

Figure 71:  Ultimate Failure of BE-9 Configuration - 1) cohesive fracture of adhesive
indicates full strength was realized, and 2) fracture caused by

impact did not effect overall performance of composite doubler
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4.0  Conclusions

The overall purpose of this joint project between the FAA and the aviation industry was
to evaluate the viability of bonded composite doublers for commercial aircraft repairs.
The resulting data will allow the FAA to formally certify the use of composite doublers
and to provide suitable requirements for the design, installation and subsequent
inspection for continued integrity.  This effort focused on the use of Boron-Epoxy
composite material.

In recent years, the military has experienced several successful applications of bonded
Boron-Epoxy doublers.  However, composite doublers have not been certified for use on
the U.S. commercial aircraft fleet.  One of the concerns surrounding composite doubler
technology pertains to long-term survivability, especially in the presence of non-optimum
installations.  This test program demonstrated the damage tolerance capabilities of
bonded composite doublers.  The fatigue and strength tests quantified the structural
response and crack abatement capabilities of Boron-Epoxy doublers in the presence of
worst case flaw scenarios.  The engineered flaws included cracks in the parent material,
disbonds in the adhesive layer, and impact damage to the composite laminate.
Environmental conditions representing temperature and humidity exposure were also
included in the coupon tests.  Other critical issues such as design, installation, quality
assurance, and inspection have been addressed in other FAA reports under this same FAA
ACO project (SP-1798AT-Q).

General Use of Results - The objective of this damage tolerance analysis was to obtain a
generic assessment of the ability of Boron-Epoxy doublers to reinforce and repair cracked
aluminum structure.  Although the first commercial application of this technology is the
L-1011 door frame discussed above, the results from this study can be applied to any
application.  By designing the specimens using the nondimensional stiffness ratio, it is
possible to extrapolate these results to various parent structure and composite laminate
combinations.  The number of plies and fiber orientations used in these tests resulted in
an extensional stiffness ratio of 1.2:1 {(Et)BE = 1.2 (Et)Al}.  Independent Air Force [39]
and Boeing studies [40-41] have determined that stiffness ratios of 1.2 to 1.5 produce
effective doubler designs.  Lockheed-Martin has also used this range of stiffness ratios in
military composite doubler designs.  The stress analysis which accompanies the repair
design will be able to determine the optimum stiffness ratio.

Summary of Damage Tolerance Assessment in Light of Inspection Requirements -
Large strains immediately adjacent to the doubler flaws emphasize the fact that relatively
large disbond or delamination flaws (up to 1” diameter) in the composite doubler have
only localized effects on strain and minimal effect on the overall doubler performance
(i.e. undesirable strain relief over disbond but favorable load transfer immediately next to
disbond).  This statement is made relative to the inspection requirement which will result
in the detection of disbonds/delaminations of 0.5” diameter or greater [49-50].
Obviously, disbonds will effect the capabilities of composite doublers once they exceed
some percentage of the doubler’s total footprint area.  The point at which disbonds
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become detrimental depends upon the size and location of the disbond and the strain field
around the doubler.  This study did not attempt to determine a “flaw size vs. effect”
relation.  Rather, it used flaws which were twice as large as the detectable limit to
demonstrate the ability of composite doublers to tolerate potential damage.

Similarly, the crack mitigation capabilities of Boron-Epoxy doublers were evaluated
using crack sizes which exceeded the inspection threshold.  The current inspection
requirement calls for inspection intervals and sensitivity to detect cracks of 1” length
[48].  The damage tolerance tests presented in this document looked at crack growth
beneath doublers of up to 3”.  The doublers were able to mitigate the crack growth by a
factor of 20 versus the unrepaired aluminum.  Test results showed that it would take two
to three L-1011 fatigue lifetimes (72,000 - 108,000 cycles) for a crack to propagate 1”
beneath a reinforcing composite doubler.  Finally, these tests showed that Boron-Epoxy
composite doublers are able to achieve this performance level (i.e. reinforce and mitigate
crack growth) even in the presence of extreme worst-case flaw scenarios.  This is the
strongest evidence of the damage tolerance of bonded Boron-Epoxy doublers.

Fatigue Tests: Flawed Specimens - The composite doublers produced significant crack
growth mitigation when subjected to simulated pressure tension stress cycles.  Even
specimens with unabated fatigue cracks and collocated disbonds and impact damage were
able to survive 144,000 fatigue cycles without specimen failure (less than 2” crack
growth).  During the course of fatigue cycling, all crack growth occurred in the aluminum
plates.  No fractures were found in any of the composite laminates.  Comparisons with
control specimens which did not have composite doubler reinforcement showed that the
fatigue lifetime was extended by a factor of 20.

Fatigue Tests: Baseline (Unflawed) Specimens - The best basis of comparison for the
performance characteristics discussed above was provided by specimens with normal
installation and no flaws.  These unflawed specimens showed that crack growth and
disbonds/delaminations could be eliminated for at least 216,000 fatigue cycles.

Adhesive Disbonds - The fatigue specimens contained engineered disbonds of 3 to 4
times the size detectable by the doubler inspection technique [46].  Despite the fact that
the disbonds were placed above fatigue cracks and in critical load transfer areas, it was
observed that there was no growth in the disbonds over 144,000 to 216,000 fatigue cycles
(four to six L-1011 lifetimes).  In addition, it was demonstrated that the large disbonds,
representing almost 30% of the axial load transfer perimeter, did not decrease the overall
composite doubler performance.

Performance of Adhesive Layer - Previous analyses of bonded doublers have
demonstrated that the most critical part of the repair installation is the adhesive [4-6, 21,
24,30, 39-41, 43].  It must transfer the load to the composite doubler and hold up under
many load cycles.  The adhesive must also resist moisture and other environmental
effects.  In order to obtain the optimal adhesive strength and assure a satisfactory
performance over time, it is essential to strictly comply with the installation process [42].
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Surface preparation is one of the key steps in the installation process.  This study
demonstrated the ability of the accepted adhesives (AF-163 and FM-73 as per Ref. [48])
to transfer loads over multiple fatigue lifetimes of a commercial aircraft.  Strain field
analyses and fatigue tests showed that large disbonds - in excess of those which will be
detected by NDI - and Boron-Epoxy water absorption did not effect the performance of
the adhesive layer.

Stress/Strain Fields - The maximum doubler strains were found in the load transfer
region around the perimeter (taper region) of the doubler.  In all nine doubler
configurations, the strains monitored in this area were 45% - 55% of the total strain in the
aluminum plate.  This value remained constant over four fatigue lifetimes indicating that
there was no deterioration in the bond strength.  During crack propagation, the stresses in
the doubler increased to pick up the loads released by the plate.  Data acquired during
failure tests showed that the composite doubler was able to transmit stresses in the plastic
regime and that extensive yielding of the aluminum was required to fail the installation.
Also, stress risers, normally observed around flaws, were eliminated by the doubler.

Residual Strength -  Post-fatigue load-to-failure tests produced residual strength values
for the composite-aluminum specimens.  Comparisons of the test results with tabulated
values for 2024-T3 ultimate tensile strength, which do not use flawed specimens, should
be conservative.  Even the existence of disbonds and fatigue cracks did not prevent the
doubler-reinforced-plates from achieving static ultimate tensile strengths in excess of the
70 ksi Mil handbook listing for 2024-T3 material.  Thus, the composite doubler was able
to restore the structure to its original load carrying capability.

Ultimate Strength -  The ultimate strength values for each of the specimens tested was
essentially the same regardless of the flaw scenario.  Ultimate strengths in excess of Mil
handbook values were produced by the doubler-reinforced plates.  The high strain levels
experienced during the failure tests did not produce disbond growth in the specimen.  The
failure mode was extensive aluminum yielding followed by fracture in the adhesive layer.
This indicates that the installation was successful and that the full strength of the adhesive
was achieved.  Finally, these results are conservative since they were obtained in the
presence of severe flaw scenarios which were engineered into the specimens.

Overall Evaluation of Bonded Boron-Epoxy Composite Doublers: Crack Mitigation
and Damage Tolerance - By combining the ultimate strength results with the crack
mitigation results, it is possible to truly assess the capabilities and damage tolerance of
bonded Boron-Epoxy composite doublers.  In this test series, relatively severe installation
flaws were engineered into the test specimens in order to evaluate Boron-Epoxy doubler
performance under worst case, off-design conditions.  The engineered flaws were at least
two times larger than those which can be detected by NDI.  It was demonstrated that even
in the presence of extensive damage in the original structure (cracks, material loss) and in
spite of non-optimum installations (adhesive disbonds), the composite doubler allowed
the structure to survive more than four design lifetimes of fatigue loading.  Installation
flaws in the composite laminate did not propagate over 216,000 fatigue cycles.
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Furthermore, the added impediments of impact (severe enough to deform the parent
aluminum skin) and hot-wet exposure did not effect the doubler’s performance.  Since the
tests were conducting using extreme combinations of flaw scenarios (sizes and
collocation) and excessive fatigue load spectrums, the performance parameters presented
here were arrived at in a conservative manner.

Finally, it should be noted that despite the successful results achieved in this damage
tolerance assessment effort, the use of composite doubler repairs includes a number of
potential pitfalls and engineering challenges.  In addition to assuring a quality installation,
design and analysis efforts must address difficult issues such as thermally induced
residual stresses and stress risers around the doubler’s outer perimeter.  This paper adds
to the growing database of composite doubler performance characteristics, however, a
comprehensive engineering approach is always necessary to ensuring the safe application
of these aircraft repairs.
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Appendix A

Engineering Drawings for
Damage Tolerance Test Program
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Appendix B

Strain Data from Damage Tolerance Tests
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